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ABSTRACT 


The  final  design  of  the  representative  fuselage  com¬ 
ponent  was  determined,  and  the  component  was  fabricated  with 
treated  "Thornel"  50  graphite-fiber ,  ERL  2256  epoxy  matrix  com- 
posites.  The  structure  consists  of  a  tapered  cylindrical  skin, 

48  inches  long  with  end  diameters  of  24  inches  and  20  inches- 
the  fiber  lay-up  orientation  of  the  skin  is  (90°,  ±15°  90°) [ 

TfnoSki?niS  SHofen<Td  by  longitudinal  stringers  having  (+10°, 

.  ’  '  ^  fiber  orientation  and  by  three  segmented  ring 

°f  a  balsa  wood  core  re in forced  with  panels 
'  ~  ^  ^  orientation.  The  fuselage  component  structure  was 
analyzed  by  the  discrete  element  method;  stresses,  displacements 
and  margin  of  safety  predictions  were  obtained  for  various 
loading  conditions.  Prior  to  component  fabrication,  several 
treated  "Thornel1'  50  panels  were  fabricated  and  tested  in  ten¬ 
sion  and  compression;  failure  levels  were  well  y.ove  design 
requirements.  The  90°  layers  of  the  skin  were  constructed  by 
wet-winding  and  the  inner  15°  layers  by  hand  lay-up  of  pre- 
pregged  sheet.  The  stringers  and  the  ring  stiffener  panels  were 
molded  from  pre-pregged  sheet.  Stringers  and  the  ring  stiffener 
were  adhesively  bonded  to  the  component  skin.  Both  ends 
°f , tbe  component  were  reinforced  with  a  lay-up  of  fiberglass  tape 
and  bonded  to  segmented  aluminum  rings  for  attachment  of  the 
component  to  the  test  stand.  The  NDT  inspection  of  the  compo- 
n^n^i,reVfa^ed  defects  consisting  primarily  of  partial  debonding 
of  the  stringers  and  ring-stiffeners  from  the  skin.  Extensive 

th^  the  debo?din9  verY  likely  resulted  from 
thermal  degradation  of  the  adhesive  and  from  thermal  stresses 
incurred  during  the  final  cure  of  the  end  attachments.  Novel 
repair  techniques  for  composite  structures  were  established,  and 
the  component  was  successfully  repaired.  Detailed  plans  for  the 
various  response  tests  and  the  final  destruct  test  of  the  compo¬ 
nent  are  also  presented. 


abstract  fs  subject  to  special  export  controls  and  each  trans- 
ttal  to  foreign  governments  or  foreign  nationals  may  be  made  only 
^10r  fPProval  of  tbe  Nonmetallic  Materials  Division,  MAN,  Air 
45433  Materials  La^oratory,  Wright-Patterson  Air  Force  Base,  Ohio 
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SECTION  I 


INTRODUCTION 


This  report  covers  the  fourth  year's  work  of  a  proqram 
which  represents  a  novel  approach  designed  to  fulfill  three  differ- 
ent  but  clearly  interdependent,  needs  of  the  Department  of  Deffnse- 
a  materials  need,  a  structural  design  capability  need,  and  a  nfed 
for  more  scientists  and  engineers  trained  in  applied  materials 
problems  and  advanced  design  methods.  The  Carbon  Products  Division 
of  Union  Carbide  Corporation,  Case  Western  Reserve  University  and 

needs  YStemS  have  formed  an  Association  to  meff  these 

,  ..  Tile  Association  has  formulated  a  broad  program  which  in- 

cludes  the  development  of  new  materials,  generation  of  advanced 
analyses  and  design  methods,  and  education  of  graduate  students 
In  brief,  the  major  objectives  are  (1)  to  develop  hiqh  modulus 
graphite  fiber  composites,  (2)  to  extend  the  methods  of  structural 
nrsmanffS,i  *  to  identify  DOD  applications  toward  which  the  pro- 
gram  efforts  should  be  directed,  (4)  to  educate  engineers  caoS^e 
of  developing  and  using  modern  materials,  and  (5)  to  integrate 
materials  research  with  the  needs  of  the  designer  by  extend^c  the 
teunnique  of  structural  synthesis  to  include  material  variablfs. 

The  primary  responsibilities  of  Union  Carbide  Cornnr.finn 
Carbon  Products  Division,  are  the  development  and  production  of  ' 

thermaf 0  mdteflals  and  the  measurement  of  those  mechanical  and 

the  AssoSafonle%heef  f"01  StrUCtural  design  work  within 

of-  II  Th  technical  program  at  Union  Carbide  consists 

jials  research,  a  basic  research  program  to  develoo 
new,  improved  composites  of  high  modulus  graphite  fibers  in  both 

research  p“£am“o "pr oduci "ia tf fa ifloff -°?'  an  applifcd 

ss1^. « 3» 

and  thermal  properties  of  certain  composites  to  provide  data  fr 
the  joint  research  programs  of  the  Association;  (4)  ffi u5° 

The  work  at  Case  Western  Reserve  University  has  fWn 

sfucturir^chlnicfLci^fo^^elirLffo^  ■  th 

composite  materials.  ComposiS  ma?ef als "offerfh fstrf f Saf^ 
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design  engineer  the  prospect  of  being  able  ultimately  to  carry  on 
simultaneously  the  design  of  thB  structural  configuration  and  the 
material.  Achieving  thj.s  capability  will  require  fundamental 
advances  in  structural  synthesis  as  well  as  a  substantially  im¬ 
proved  understanding  of  the  behavior  of  composite  materials.  The 
goals  of  the  structural  mechanics  research  program  at  Case  are 
(1)  the  quantitative  formulation  and  efficient  solution  of  the 
structural  synthesis  problem,  including  material  variables,  for 
elementary ,  but  representative  components  fabricated  from  composite 
materials;  (2)  experimental  stress  analysis  studies  and  theoretical 
investigations  in  micromechanics  with  the  objective  of  improving 
the  measurement  and  calculation  of  stiffness  properties  and  failure 
mode  criteria  for  composite  materials;  and  (3)  the  development  of 
improved  analysis  methods  for  anisotropic,  nonlinear,  and  noncon¬ 
servative  materials.  The  second  objective  of  the  work  at  Case 
Western  Reserve  University  is  to  develop  new  or  improved  graphite 
fiber- resin  composites  through  materials  research.  At  present, 
the  knowledge  of  fiber  surface  morphology  and  the  relation  between 
fiber  surface  characteristics  and  interfacial  adhesion  to  the  resin 
system(s)  is  incomplete.  A  better  understanding  of  these  inter- 
facial  interactions  will  lead  to  improvements  in  presently  used 
fiber  resin  composites  and  will  ultimately  permit  the  judicious 
selection  of  new  resins  and  new  fabrication  methods,  thus  leading 
to  a  second  generation  of  advanced  composites.  The  materials 
research  work  at  Case  Western  Reserve  University  has  been  initiated 
during  the  second  half  of  the  report  period.  The  present  report 
covers  the  program  plans  and  some  initial  results. 

The  primary  purposes  of  Bell  Aerosystems  Company's 
participation  in  this  program  are  to  interject  user  requirements 
into  the  applied  materials  research  efforts;  to  apply,  at  the 
prototype  design  level,  the  advanced  analytical  procedures  and 
improved  understanding  of  material  behavior  which  will  result 
from  the  research;  and  to  establish  application-related  proper cy 
specifications  for  materials  research  activities.  To  attain 
these  objectives ,  a  six-part  technical  program  is  being  performed 
by  Bell:  (1)  application  selection,  the  objective  of  which  is  to 
define  representative  configurations  and  environmental  conditions 
which  reflect  DOD  requirements;  (2)  recognition  of  failure  modes, 
a  task  which  involves  the  overall  structural  behavior  such  as 
elastic  instability,  deformation  limits,  and  fracture  and  the 
material  failure  modes;  (3)  determination  of  the  nature  of  and 
methods  for  the  application  of  analytical  tools  needed  to  cope 
with  the  anisotropic,  anelastic,  and  nonconservative  material 
property  behavior  and  the  multiaxial  stress  distributions  antici¬ 
pated  in  structural  configurations  associated  with  the  use  of  the 
subject  materials;  (4)  structural  synthesis,  a  task  which  involves 
the  application  of  structural  synthesis  techniques  at  the  practical  • 
level  to  define  the  most  desirable  material  compositions  within  a 
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particular  class  of  composites;  (5)  study  of  creative  design  con¬ 
cepts  which  will  be  required  because  of  the  complex  material  be¬ 
havior  of  composites;  (6)  testing  to  verify  the  value  c f  analysis 
procedures  used  to  design  composite  materials  and  the  components 
made  from  composite  materials. 

In  contrast  to  the  previous  three  Annual  Reports,^'2/3) 
which  consisted  of  single  volumes ,  the  present  report  has  been 
divided  into  three  volumes.  Volume  I  covers  the  effort  on  mate¬ 
rials  research;  Volume  II  covers  the  work  on  structural  mechanics, 
analysis,  and  optimization;  and  Volume  III  covers  the  design, 
fabrication,  and  testing  of  a  representative  subscale  fuselage 
component.  This  division  was  made  because  particular  projects 
might  be  of  interest  to  a  particular  audience;  this  arrangement 
also  made  possible  the  reduction  of  the  physical  size  of  each 
volume.  However,  this  introduction  and  the  following  Summary 
(Section  II)  are  common  to  each  volume. 
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SECTION  II 


SUMMARY 


Corporation , "c^^es^rn^eservf^i^rsity ' “anfBell^10"  CarMde 

selected  critical  nrobl^  Jaff  ?  component;  investigating 
and  involving  students  in  an  imnow-3  ^ance<^  composite  technology; 
nent  activity  serves  as  a  hardware  ^  -new  technology.  The  ccmpo- 
also  serves  to  rlvlal  new  or  to  !  p“rformance  demonstration  and 
shortcomings.  Investigations  of  tho*331^  susp?cted<  technological 
problems  which  cl£?ii9££rbe L^vedV hofhtcomin9s  “d  of  other 
advanced  composite  aoolica^  oL  *J'  ^the  next  generation  of 
Through  knowledge  of  the  total  nrn™  S  long  range  studies, 

specific  projects  the  grad, by  Participation  in 

composite  technology  and  become  better^n?*1”  I*111  in  advanced 
nature  of  industrial  research  Ld  de^eiopment?  COncernin3  the 

report  covers  materials  ^esearclf'in^H  presented  in  this 

fiber  reinforced  resin-matrix  aid  meSl  1(?Wlng  areas :  graphite 
properties  and  design  data  studies  of  fiH ^triX  comPOsites,  physical 
anics  of  fiber  composites  advannL  5  i  **  comP°sitas,  the  mech- 
fabrication  and  testing  ^anced  analysis  and  synthesis,  and 

Although  these  projects  are  clearlv6^?^7?  fuselage  component, 
tive  of  advancing  the  state  of  thpY*r*ld*ed  ln  thleir  common  objec- 
diversity  and  physical  volume  of  4-v,  ■ rt  °f,  comP°site  materials,  the 
present  the  report  in  three  vo?Les 13  ^  U  desirabla  to 

research  on  graphite  fiber  r^d-in  Yolume  1  covers  materials 

Volume  II  is  concerned  with  the  structu^a?^  m®taf -n!atrix  composites ; 
materials;  and  Volume  III  covers  t^"uctura^dr 3 i°f  C°mp°site 
representative,  subscale  fuselage  component Thf  fon^*  ° f  a 
graphs  summarize  the  contents  of  each^f  the  thrle  vo^mes9  P“a" 

Volume  I:  Materials  Research 

between  fiblfanfresln^n^nm10^?  t0  StUdy  tae  interfacial  region 
were  electro^  Scrolcopy  ellTrln  '  Tbe,to°ls  ^ 

Raman  spectroscopy.  The  electron  „f  £raCtlon'  and  laser  excited 
Of  epitaxial  growth  of  olyeSne  n  Sila%Urd  in  the  study 
(cleaned  with  boiling  wkter)  and  on  the^o?^  ?  flbeJ:  surfaces 
crystallites.  Electron  diffraction  rp«n?2«  ?lane  '  of  graphite  single 
grown  on  the  graphite  sincrle  crv^f^i  -p  indicate  that  the  crystal: 

the  molecule,9stand  upright  on  theasu^strateS  T  °riented  30  thSt 

nique  was  developed  for  the  Ra-nan^r^f  ^  A  microsampling  tech- 
technigue,  spectra  of 
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could  be  obtained  and  compared.  The  spectra  show  bands  at  1580  cm-1 
and  1355  cm"  .  The  relative  intensity  of  the  two  bands  is  different 
for  the  various  graphite  samples,  allowing  differentiation  among 
fibers  of  different  origin.  The  spectra  can  be  correlated  with 
the  presence  of  more  or  less  graphitized  surfaces. 

Graphite-fiber,  resin-matrix  composites  were  prepared  by 
tn  svtu  polymerization  of  e-caprolactam  (the  monomer  of  nylon  6)  on 
Thornel"  25  fibers  (cleaned  with  boiling  water) .  The  kinetics 
of  this  anionic  polymerization  of  caprolactam,  in  which  various 
latent  catalysts  were  used,  were  investigated.  With  a  number  of 
catalysts,  the  presence  or  absence  of  water  in  the  monomer  was 
found  to  affect  the  catalysis  of  polymerization.  However,  since 
diethyl  carbonate  was  found  to  catalyze  the  polymerization  under 
bor.h  wet  and  dry  conditions,  this  latent  catalyst  was  used  for 
the  preparation  of  composites.  These  composites  were  examined 
by  X-ray  diffraction  and  electron  microscopy.  The  examination 
showed  the  complete  absence  of  voids  and  confirmed  the  original 
hypothesis  that  tn  situ  polymerization  would  lead  to  greater 
wetting  of  the  fibers  by  the  polymer  than  that  which  resulted 
from  using  conventional  methods  and  would  therefore  yield  void- 
free  composites. 


,  The  oriented  crystallization  and  subseauent  oriented 

solid  state  reaction  of  the  monomers  of  nylon  66 ~ (hexamethylene- 
diammonium  adipate)  and  nylon  6  (6-aminocaproic  acid)  on  "Thornel" 
carbon  fibers  have  been  investigated.  The  reaction  of  these  mono- 
mers,  epitaxially  crystallized  on  the  carbon  fiber  substrate, 
yields  cyclic  dimer  and  cyclic  trimer,  respectively,  whereas  reac¬ 
tion  in  the  absence  of  substrate  under  otherwise  identical  condi¬ 
tions  yields  the  respective  polymers.  The  strong  and  specific 
effect  of  surface  interactions  on  these  solid  state  reactions  is 
cxearly  demonstrated.  In  situ  polymerization  of  these  cyclic  mate¬ 
rials  and  other  monomers  is  being  investigated. 

Sophisticated  equipment  has  been  constructed  to  char- 
thS  g5aphite  fiber  surfaces  by  measurements  of  adsorption 
?ha!S  fr°m  solution-  A  highly  sensitive  balance 
°f  <?etect1^  a  weight  change  of  1  x  10"6  grams  in  a  1-gram 
sample  was  designed  and  constructed  for  use  in  this  study. 

4_  graphite-fiber ,  nickel-matrix  composites  were  fabricated 
by  electrodeposit mg  nickel  uniformly  around  each  filament  and  hot- 
pressing  the  precoated,  prealigned  filaments  into  fully  densified 

*  4-u Prev^"°u*f ly  /  fabrication  of  large  test  specimens  was 
lxmited  by  the  relatively  slow  electrodeposition  process.  This 
problem  was  partially  rectified  by  construction  of  equipment  which 
electrodeposit  nickel  continuously  on  two  untwisted  plies  of 
hornel  yarn.  Higher  deposition  rates  were  also  obtained  by 
applying  current  simultaneously  to  both  ends  of  the  yarn  as  it 
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enters  and  leaves  the  plating  bath,  but  the  nickel  distribution 
was  not  uniform  The  most  uniform  deposition  of  nickel  around  the 
filaments  is  achieved  if  cathodic  contact  is  employed  only  at  the* 

tn  3  er*.  The  fabricati°n  of  larger  specimens  was  extended 

o  mciude  uniaxial  test  bars  up  to  three  inches  long  and  orthogo- 

aneninP  t0uthuQe  inches  sc2uare-  Short  sections  of  tape  approxi- 
fn^hY  °;°?;0.lnch  thick  were  also  prepared  and  will  be  usedPforPP 

ratHnnr  f^bricablon  ^nto  laminates  of  complex  geometry  and  configu- 

Inl  lhe  tapHfter  ^  adherence  between  the  graphite  mold  surfacl 
“ .rj .tap e  , after  hot-pressing  was  overcome  by  using  boron  nitride 

ab  th^  lllterface*  Three-mch  square  tape  prepared  by  this  process 
showed  minor  delaminations  parallel  to  the  fibers .  Studies  of  the 
influence  of  fabrication  variables  (pressure,  temperature,  and  time) 

a  fabtrlt63  the  composite  were  extended  to  include  1250°C  as 
fabrication  temperature.  The  average  tensile  strength  (89  400  osi) 
and  Young's  modulus  (33.6  x  106  psi)  are  consistent  with  pre^iouslv 
es  ablished  trends.  The  fiber  morphology  showed  only  slight  change. 

,  ,Tbe  elastlc  properties  of  unidirectional  graphite-fiber 
nickel-matrix  composites  were  obtained  by  static,  sonic  and  ultra- 

^"reasonable'  ThS  Values  derived  from  each  of  these  methods  are 
in  reasonable  agreement.  Experimental  values  of  Young's  modulus 

shear  modulus,  and  Poisson's  ratio  were  correlated  wi?h  predictions 

based  on  Whitney  s  micromechanics  model  for  orthotropic  filaments 

All  measured  elastic  properties,  with  the  exception  of  the  trans-* 

fiber  andUmUr'-Can  be  reconciled  with  predicted  values  based  on 
fiber  and  matrix  properties.  Stress -strain  data  were  obtained  on 

^  ireCtt°nal.specimens  with  fibers  oriented  at  various  angles  to 

fo'  JZ  lilt  aX1S'-  SZr?in  at  failure  when  the  "bees  are  parallel 
o  the  test  axis  is  0.4  percent.  Deformation  is  considerably  greater 

fLf^ghtrangles  and  much  less  at  the  highest  ^est  anglls 

sharply  defined" tes  wlth  45  Percent  fibers  are  characterized^  a 
P  y  flned  Yield  point  at  12,000  psi  and  a  secondary  modulus 

’  ip-  secondary  Modulus  t^L^eT, ‘  P 

£  III  w'0psiSitaLJ?000tpsiSst;ess!al?heWhiCh 

than°theetens ileS modulus ^ofS 32 ?2  x'^’ps?  “FaUu^e^0^17  1633 
occurs  at  Qfi  non  •  mu  .  ,  psi.  Failure  in  compression 

occurs  at  96,000  psi.  The  constituent  behavior  during  a  strain 

^tressesSatment  WaS  ana^zed  from  the  known  tensile  Ld  compression 
stress  strain  curves.  The  linear  thermal  expansion  was  measured 

and'ir  r?n"/oom?erature  and  100°’C  and  fou>'d  to  be  0.5  x  106/»C 
and  20  x  106/«C  in  the  longitudinal  and  transverse  directions7 

respectively.  The  composite  is  highly  anisotropic  and  the  ?herm»’ 

f^r^ct  ^01103  bVh?  the™J  hehavior^of  the"  grlphi™ 

also  studied"  ShI10  ?n?  plastlc  deformation  of  the  matrix  were 
o  studied.  Orthogonal  laminates  with  3-,  5-,  and  7-plv  config- 
Jrientatinnc:  n-F  n®  ac.o  _  .  f  .  y 


.  •  .  - - -  ni  ui  j—  ,  —  ,  Hnn  /-n  u 

urations  with  orientations  of  0°,  45°,  and  90°  were  tested  in 
tension  to  obtain  the  static  modulus,  stress-strain  behavior, 


and 


-6- 


ultimate  tensile  strength.  These  properties  correlated  well  with 

catesCthatS  In  ^iaxial .  Properties  .  This  correlation  indi¬ 

cates  that ,  to  a  first  approximation,  microcracks  caused  by  ther¬ 
mal  expansion  differences  of  the  laminate  layers  do  not  decrease 
the  composite  strength  and  modulus  properties  aecrease 

to  correlate  the  teLile  strength  v^obtainef oT^^r*6 
long  test  specimens  with  data  measured  previously  on  one-inch  bars 
The  three-inch  specimens,  either  dog-boned  or  of  the  IITRI  t™ 
failed  outside  the  gage  section.  YPe r 

Volume  II.  Structural  Mechanics 

h.r,  _  A  finite  element  displacement  analysis  computer  caDa- 
bility  for  the  microstress  analysis  of  fibrous  composites  has  bPPn 
developed.  A  specialized  finite  element  containing  a  circular 

bioch  “1“ I'"  %laSti°  “trt*  is  -  the  basic  an^ysis 

racy  of  thl  c^pabflity?3"3  ^  SXamined  t0  352633  the  accu" 

factors  inveati?ation  stress  and  strain  concentration 

factors  due  to  inclusions  of  various  shapes  in  a  phvsir'allv  non¬ 
linear  m^trix  has  been  continued.  Emphasis  was  placed "on  develop¬ 
ing  a  method,  that  may  be  extended  to  nonlinear  solids  for  solvtnr* 

irinthisYresDectC  1^lusion  Problems.  Some  success  has 'been  achieved 
in  this  respect.  The  general  solution  of  the  elastic  curvilinp  • . 

^rans^r"  prtlem  5*5  been  found  in  the  cue  of  an  Upland  or" 

only  the  general  functional  torn,  of  solu?  on  o?  f!™3  lon ' 
inclusion  and  cavity  has  been  found.  19ld  curvlllnear 

.  ,  Tbe  experimental  methods  and  techniques  necessarv  i-n 

study  the  plane  strain  fracture  toughness  o*  fiber 

theat^H^t0  £h!LVOid  content  have  been  developed.  The  effect^of3 

mined  Work  was  als^done0"1  ^racture  toughness  has  been  deter- 

of  voids  on  the  fra«ure"f^ Compos the  effect 

"'Vhr.r  «i..  Examination  of  the  fracture  surfaces  of  cross-plied 
ornel  fiber  tensile  specimens  provided  indications  for  the 

wid?htUorn  ^Set^h0  Results  g  -"£*»» 

fronal  composites  indicated  that  the  mtiL  wlfin  ^pCtic^0" 
regron  for  a  significant  period  of  time  before  faUure/ 

.  .  The  stress-strain  behavior  and  fracture  strenath 
^Thorne  1  "  StreSSes  have  been  determined  for 

stress6 tests  llT 

Torsional  properties  were  measured  k  ;°rtn°9onal)  hollow  cylinders 

(hoop-wound)  cyjinders  uniaxial  -en^?  ”«iogonal  and  on  uniaxial 

1  rs'  uniaxial  .ensile  and  compressive  strengths 
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were  determined  on  orthogonal  plates.  The  experimental  fracture 
strength  was  found  to  be  lower  than  that  predicted  by  several 
theories  of  fracture.  This  result  is  attributed  mainly  to  a  non- 

homogeneous  structure  of  the  test  specimens  and  in  some  casf -  tn 
premature  buckling  failure.  SO  case° *  to 

Photoelastic'^stres^analysi^to^multi- 

mental  Sfjfe  ^To&co 

ec„fi^m°?eneOUS  m°del:  a  sphere  in  impression  under  two  self- 
.5  concentrated  loads  while  imposing  *-he  constraints  of 

the  multi iaye red  composite.  The  results  obtai  -  ed  werS  comoared 
t' los®  obtained  by  other  investigators,  and  the  agreement  - 
considered  good  under  the  constraints  imposed  on  the  prlb^m!  ~ 

orthotroD’cnDl?tesih^=th1  StUdy  ?f  the  vibrations  of  laminated 
w4e  correlated  with  c!^=n  c?mpleted-  Tho  experimental  results 

unbalanced  pla?e“ 'the^ed^d  f^Kaf^li^ess'y^^ed  vaL 

mental  ^"results?  ^  correl‘ition  betwaa"  theoretical  and  expert 

of  compos i templates  which^ould^ncreas^th^utility1”?  ^rengLbs 

3  pS:S*kSf™fr'  T  ™SS“ 

r  post:  Duckling  analysis  for  isotropic  metallic  nist-pc 
positesf  f°r  P°S3ible  extension  to  anisotropic  no^horngeneous  com” 

An  approximate  solution  for  the  eiapivsiim  _ ^  _ 

mode1  takes ^rform^rrfinite^eriefwhich  satisfies  ’the ^  h^ling 

If  an  iSin^/ni^f  “3^x1^°”?  f  m°re  ^ 

,,  ^  analysis  of  unbalanced  cross-plied  elliptic  niaf0e. 

'tttSS  ^ 

UlTet  In^ed  ^m!UUy  *»"tion 
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A  finite  deflection  discrete  element  analysis  capability 
for  predicting  displacement  and  force  distributions  in  sandwich 
planes  and  cylindrical  structures  with  unbalanced  laminated  faces 
has  been  completed.  Correlation  of  the  results  with  published 

data  and  experiment  results  for  "Thornel"  fiber  composites  show 
excellent  agreement. 

Laminated  fiber  composite  plate  and  shell  configurations 
may  be  viewed  as  a  collection  of  highly  orthotropic  lamina.  If  one 
assumes  that  the  layup  is  not  unidirectional,  the  lamina  are  highly 
heterogeneous  through  the  thickness.  An  investigation  has  been 
initially  aimed  at  critically  assessing  several  basic  assumptions 
upon  which  current  laminated  plate  and  shell  theory  rests. 

A  study  of  the  accuracy  of  various  shell  theories  when 
applied  to  anisotropic  cylindrical  shells  is  currently  underway. 
Flugge  s  theory  is  accepted  as  a  standard  for  comparison  of  several 
approximate  theories.  The  range  of  validity  of  the  various  approxi¬ 
mate  theories  will  be  determined. 

A  structural  synthesis  capability  for  stiffened  fiber  com¬ 
posite  cylindrical  shells  has  been  developed.  The  design  variables 
consist  of  both  configuration  and  material  parameters.  The  optimal 

nrob?pmPr°Mlem  ^  ?ormulated  as  a  nonlinear  mathematical  programming 
problem.  Numerical  examples  are  discussed.  ° 

Volume  III:  Structural  Component  Development 

.  The  Previous  (third)  annua]  report (3)  described  work  on 

iSler?tati°n  of  advanced  structural  analysis  methods  and 
t6f"al  and  structural  element  evaluations  leading  to  final 
Tn^?nn°5  a  ?raP^lte~fl^ef/  _  epoxy-resin  composite  fuselage  section. 
^  r*catlon  “ctivities  and  a  tentative  test  program  plan 
the  fuselage  component  were  also  presented.  Additional  desian 
work  and  analysis  studies  were  completed  during  the  present  report 
peno  .  A  design  solution  was  found  for  an  interference  fit  prob- 

The  basic^ useTaae  °f  the  fiber*lass  blocked  biiidups. 

ine  basic  fuselage  structure  was  analyzed  by  the  discrete  elem<=nV 

method;  stresses,  displacements,  and  margin  of  safety  predictions 

ere  obtained  for  four  loading  conditions.  Influence  of  the 

stringer-nng-skm  combination  tie  was  studied  with  regard  to  the 

performance  expected  of  the  structure  during  test.  Ring^to-skin 

should0^  dUS  t0  Poi?son  effects  were  examined;  these  bond  stresses 
no  c duse  problems  during  the  fuselage  component  test. 

Several  treated  "Thornel"  50  stiffened  panel  end  attach¬ 
ment  specimens  were  fabricated  by  using  the  final  shell  geometry 
and  were  tested.  Ultimate  strengths  were  2710  and  3070  lb/in.  in 
tension  and  compression,  respectively;  failures  occurred  in  tie 
gage  sections.  Effective  elastic  moduli  of  the  specimens  were 
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14.7  and  17.3  x  10 6  psi.  The  failure  levels  were  well  above 
design  requirements  and  demonstrated  stiffness  and  weight  advan¬ 
tages  over  conventional  metallic  construction.  Based  on  these 
design  and  analysis  dat?  and  test  results,  fabrication  of  the 
fuselage  component  was  begun. 

The  representative  fuselage  component  was  fabricated 
by  using  treated  "Thornel"  50  graphite-fiber,  ERL  2256  epoxy  matrix 
composites.  A  tapered,  cylindrical  fuselage  skin,  48  inches  long 
with  end  diameters  of  24  inches  and  20  inches,  was  constructed  by 
using  a  fiber  lay-up  orientation  of  (90° ,±15° ,90°) .  The  90°  layers 
were  wet-wound  on  a  plaster  mandrel,  and  the  inner  15°  layers 
were  constructed  by  hand  lay-up  of  prepregged  sheet.  Forty-five 
hat-shaped  stringers,  50  to  52  inches  long,  were  molded  from  pre¬ 
pregged  sheet  having  a  fiber  orientation  of  (+10° ,-10° ,-10° ,+10°) , 
and  their  properties  were  measured  on  coupons  cut  from  each  end 
of  the  stringers.  Thirty-one  of  these  stringers  were  bonded  to 
the  fuselage  skin  by  an  adhesive  consisting  of  70  weight  percent 
Araldite  6005  epoxy  resin  and  30  weight  percent  ZZL-0325  hardener. 
Segmented  ring  stiffeners,  consisting  of  a  balsa  wood  core  reinforced 
with  "Thornel "- f iber ,  epoxy-resin  panels  of  (0°,±45°)  orientation, 
were  fabricated  and  also  bonded  to  the  fuselage  skin.  The  ends 
of  the  fuselage  component  were  reinforced  with  a  lay-up  of  fiber¬ 
glass  tape.  Segmented  aluminum  rings,  designed  and  fabricated 
at  Bell  Aerosystems,  were  bonded  to  the  fiberglass  laminate.  The 
function  of  the  fiberglass  lay-up  and  aluminum  rings  is  to  permit 
attachment  of  the  fuselage  component  to  the  test  stand.  A  weight 
analysis  of  the  representative  fuselage  component  was  also  prepared. 

Inspection  of  the  finished  fuselage  component  by  visual 
and  mechanical  techniques  revealed  stringer  debonding,  minor  ring 
debonding,  and  cracks  in  the  shell  skin  and  ring-stiffener  shear 
panels.  These  defects  were  more  thoroughly  characterized  by  other 
inspection  techniques  such  as  helium  leak  detection,  a  contact 
ultrasonic  technique  and  an  acoustic  impact  bond  inspection  method. 
Correlations  of  data  obtained  from  the  various  nondestructive 
inspections  were  made . 

Potential  causes  of  the  damage  in  the  fuselage  component 
have  been  studied  in  both  experimental  and  analytical  investiga¬ 
tions  with  emphasis  on  the  problem  of  stringer-to-skin  debonding. 
Experimental  studies  examined  possibilities  of  surface  contamina¬ 
tion  which  may  have  affected  the  bond  strength,  bond  line  thick¬ 
ness  effects,  possibility  of  adhesive  embrittlement  due  to  post¬ 
cure,  and  other  potential  causes  such  as  fixturing  expansion  during 
component  cure  and  air  bubble  ent*~\  ...,ent  within  the  adhesive.  It 
was  concluded  that  thermal  embrittlement  of  the  adhesive  and  thermal 
stresses  in  the  bond-line  probably  contributed  most  to  the  observed 
debonding,  although  the  influence  of  the  other  factors  cannot  be 
completely  discounted.  Analytical  studies  were  also  made  of  thermal 
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stresses  due  to  elevated  temperature  exposures  and  of  mechanical 
stresses  due  to  radius  of  curvature  mismatches  between  the  stringers 
and  shell  skin.  The  thermal  analysis  suggests  that  stresses  in 
the  adhesive  were  sufficiently  large  and,  in  conjunction  with 
end  effects,  peeling  actions  and  possible  adhesive  embrittlement 
may  have  contributed  significantly  to  the  debonding.  Predicted 
transverse  stresses  in  the  skin  due  to  skin  fabrication  conditions 
also  appeared  significant  and  may  be  related  to  the  observed  skin 
cracks.  Peel  loads  on  the  adhesive  glue  line  due  to  the  curvature 
mismatches  between  stringers  and  skin  were  found  to  be  small  and 
were  not  likely  to  have  contributed  to  the  stringer  debonding. 

Repair  of  the  fuselage,  component  was  successfully  accom¬ 
plished.  The  stringers  were  rebonded  to  the  skin  using  a  room- 
temperature  curing  adhesive  (Scotchweld  2216  clear) .  For  this 
purpose,  perforated  polyethylene  bladders  were  inserted  into  the 
stringers,  filled  with  adhesive,  and  pressurized  to  force  the  adhe¬ 
sive  to  flow  into  the  debonded  areas.  After  the  bonding  was  com¬ 
pleted,  the  bladders  were  removed,  thus  minimizing  the  quantity 
of  excess  adhesive  remaining  in  the  stringer  cavities.  The  ring 
stiffeners  were  rebonded  to  the  skin  by  using  an  overlay  of  fiber¬ 
glass  tape  prepregged  with  room-temperature-curing  Scotchweld  2216 
gray.  The  craze  cracks  in  the  skin  were  similarly  repaired  by 
patching  with  the  same  prepregged  fiberglass  tape.  Prior  to  re¬ 
bonding,  both  adhesive  systems  and  the  rebonding  procedures  were 
extensively  evaluated  by  tensile,  lap  shear,  and  bond  peel  tests; 
compression  tests  on  stringer  stiffened  plates  were  carried  out, 
and  practice  bonding  runs  of  full  length  stringers  bonded  to  an 
aluminum  mock-up  of  the  component  skin  were  made. 

The  shell  loads  for  the  component  test  evaluation  have 
been  revised  to  reflect  the  material  change  from  untreated  "Thornel" 
40  to  treated  "Thornel"  50.  The  instrumentation  plan  for  response 
and  destructive  testing  of  the  component  has  been  defined,  and 
fixturing  and  test  preparations  have  been  made.  Testing  of  the 
repaired  component  was  scheduled  for  the  fall  of  1969. 
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SECTION  III 

COMPONENT  DESIGN  AND  ANALYSIS  STUDIES 


Selection  of  a  fuselage  section  for  the  representative  fiber  composite  component  was 
described  in  Section  IV  of  the  First  Annual  Report,  d)  Section  X  of  the  Second  Annual 
Report  )  described  preliminary  design  of  the  fuselage  section  and  development  of  analyt¬ 
ical  methods  required  for  final  design.  Section  IX  of  the  Third  Annual  Report^)  described 
implementation  of  the  advanced  analysis  methods  and  the  material  and  Structural  element 
evaluations  leading  to  the  final  design  of  the  fuselage  section.  This  report  section  describes 

beTavioV^ecteSd^urLtghteCsrPOnent  ^  atta°hmentS'  She11  and  the  shell 

-A*  Design  of  End  Attachments 

Higgins,  E.  Eckman7"and  D.  P.  Hanley,  Bell  Aerosystems) 

During  the  fabrication  of  the  fuselage  component  at  Union  Carbide  Corporation  a 

„  n°Sf,  rncerning  insertlon  of  the  fiberglass  blocks  on  the  inside  of  the  small  end 
of  the  shell.  When  the  glass  blocks  were  cut  to  the  final  'in-place'  dimensions,  they  did  not 
fit  into  place,  despite  the  clearances  provided.  This  problem  was  attributed  to  the  shell 
per  which  resulted  in  a  changing  stringer  spacing  from  end  to  end.  The  stringer  spacing 
also  changes  radially,  which  affected  the  placement  of  the  glass  blocks.  8 

d6ViSed  Wh6reby  the  slots  out  in  the  Slaaa  ^ocks  to  accept  the  stringers 
glass  hi  e"larged  °  account  for  the  change  in  Stringer  spacing.  A  full-size  layout  of  the 
g  s  blocks  was  prepared  (shown  in  Figure  1),  and  the  in-place  stringer  slots  were  positioned 

a stlTuz  r:  rringr slot  o£  each  of  the  f°«  *»«■»»  ^  <»  zz 

g  T  Adjacent  slots  would  then  be  widened  to  accommodate  the  stringers  during  in¬ 
sertion.  The  dimensions  of  the  widened  slots  were  based  on  the  difference  between  the  in- 

theCcentPeaCIdg  f?  SpaCl"gS  at  the  ends  of  th3  a‘^agcrs.  Those  slots  further  away  from 
the  centered  slot  were  made  progressively  wider  on  the  side  furthest  from  the  middle  slot 

were  taPered  ^  chamfered  to  minimize  the  gap  between  the  glass  blocks  and 
the  stringers  when  the  latter  were  positioned. 

ar„i„  ,The  cu‘s.bftw„een  sections  ia  unslotted  regions  of  the  blocks  were  placed  at  an 

reoilredThal  th  hfernh6  W,ith  adjaC6nt  b:°°kS  dUFing  iDSertion-  This  Portioning,  however 
required  that  the  blocks  be  placed  in  the  component  in  the  order  given  in  Figure  1. 

During  this  period,  the  aluminum  end  rings  (each  in  four  segments)  for  the  component 

Irf  r  ^  DraWing  N°‘  8506-150011).  fabricated,  and  sent  to  Union  Carbide  Cor- 
po ration  for  attachment  to  the  shell. 
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B.  Shell  Stress  Analysis 

(Dr.  R.  II.  Mallett,  D.  L.  Turner,  and  R.  A.  Elkin,  Bell  Aerosystems) 

A  linear  clastic  finite  element  structural  analysis  has  been  performed  to  dete.mine 
static  response  of  the  shell  to  representative  test  load  conditions.  Nominal  "Thornel”* 

50  graphite  fiber  material  properties  were  used.  Test  conditions  were  nearly  identical  to 
those  proposed  for  a  "Thornel"  40  component.  The  final  shell  stress  analysis 
will  employ  revised  loads  and  measured  property  data  and  the  appropriate  geometry 
for  the  treated  "Thornel"  50  component. 

1.  Idealization  and  Loading 

Structural  idealization  was  based  on  the  final  design  geometry  (Figure  149  in 
Reference  3)  and  made  use  of  planar  and  bending  quadrilateral  shell  elements  for  skin  and 
end  reinforcement  representation  and  frame  elements  for  the  stringers  and  rings  The 
idealized  structure  extends  from  the  centerline  of  the  support  structure  attachment  bolts 
to  the  centerline  of  the  loading  structure  attachment  bolts  and  was  considered  built-in  at  the 

end’  The  loadinf?  struc‘ure  was  represented  by  a  two-inch  thick  Steel 
bulkhead  assembled  from  planar/ (lending  triangular  plate  elements  and  located  at  the  center- 
line  of  the  appropriate  attachment  bolts. 

•  4  ,  simPlifyine  and  "lumping"  techniques  were  used.  Final  idealization 

proble^  ^  561  elemGntS  Wlth  171  grid  Points  representing  a  923  degree -of -freedom 

Stringer  lumping  was  accomplished  by  retaining  Stringers  1,  16  and  17  indi¬ 
vidually  and  lumping,  in  pairs,  the  remaining  stringers  with  suitable  circumferential  re¬ 
location  (see  Figure  2). 

The  end  attachment  glass  buildup,  which  has  been  analyzed  in  detail  separately 
in  Reference  3,  was  represented  as  circumferentially  continuous  shells  laminated  to  the 
graphite  composite  skin.  These  rings  represented  the  'inter-stringer'  blocks  and  the  inner 
and  outer  glass  buildups  (Figure  3).  This  idealization  is  quite  representative  of  the  actual 
structure  except  for  the  absence  of  discontinuities  in  the  inter -stringer  blocks  to  accom¬ 
modate  the  stringers.  Computed  material  properties  employed  are  given  in  Table  I. 

For  analysis  purposes,  four  loading  conditions  were  considered: 

(1)  Vertical  Shear 

Vertical  loads  are  supplied  around  the  perimeter  of  the  bulkhead,  each 
carrying  a  sinusoidal  load  (zero  at  top  and  bottom)  such  that  the  maxi¬ 
mum  shear  flow  is  ~  180  lb/in.  at  the  sides.  This  arrangement  corresponds 
to  a  net  load  of  7350  lb. 

*  "Thornel"  is  a  registered  trademark  of  Union  Carbide  Corporation. 
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Symbols  — Actual  Stringer  Location 
(with  Stringer  Number) 

O  Idealized  Stringer  Location 


Figure  2.  Schematic  Cross  Section  of  Model  Fueslage  Component 

Looking  Toward  Loaded  End 


-16- 


TABLE  I 

PREDICTED  NOMINAL  MATERIAL  PROPERTIES 

Material  Properties* 


Skin 


Stringers 


Buildup 


"Thornel"  50 

(90,  ±15,  90°) 

Vp  =  50% 

"Thornel"  50 

(±10,  +  10°) 

Vp  =  65% 

Fiber  glass 
(Pseudo-isotropic) 

Frame^  Data 


11.65 

^12 

=  0.083 

13.26 

=  0.094 

1.30 

29.82 

*12 

=  0.929 

1.30 

^21 

=  0.040 

1.71 

3.24 

^12 

=  0.13 

3.24 

*21 

=  0.13 

0.81 

AE  Elg  Ely  (jtJx 

1.161  0.211  0.0566  C.0256 

Stringer  Properties 


g 

♦Elastic  Moduli  are  (10  psi)  t  "Frame"  refers  to  the  four 

2  circumferential  stiffening  rings 

Areas  are  (in.  )  made  rom  balsa  wood  and 

Rigidities  are  (106  pel)  reinforced  with  graphite  fiber, 

epoxy  resin  composite. 


-18- 


(2)  Vertical  Bending 

Loads  are  applied  around  the  perimeter  of  the  bulkhead  to  provide  a  linear 
variation  of  axial  load  from  top  (tension)  to  bottom  (equal  compression),  * 
the  maximum  load  being  ~  1800  lb/in.  of  circumference.  This  load  corre¬ 
sponds  to  a  net  moment  of  576,000  in.-lb. 

(3)  Torsion 

Transverse  loads  are  applied  around  the  perimeter  of  the  bulkhead  to 
generate  a  uniform  tangential  shear  flow  of  ^  180  lb/in.  This  load  corre¬ 
sponds  to  a  net  torque  of  114,600  in.-lb. 

(4)  Frame  Load 

A  concentrated  load  of  80  lb  is  applied  radially  inward  at  the  intersection 
of  Frame  3  and  Stringer  1. 

2.  Analytic  Results 


Reduction  and  interpretation  of  the  computer  program  output  are  still  in 
progress.  Hence,  the  following  discussion  is  restricted  to  summarizing  the  gross 
structure  behavior  for  each  of  the  four  loading  conditions. 

In  the  course  of  this  analysis,  two  sets  of  automated  Margins  of  Safety  were 
computed  for  the  shell  elements  of  the  structure.  The  first  set,  termed  hereafter  'Hill- 
Gross  M.S. '  considers  each  element  as  homogeneous  and  orthotropic  and,  basically,  uses 
the  X,  Y,  and  T  skin  allowables  for  the  (90,  ±15,  90°)  laminate.  The  second  set  is  termed 
'Hi1 1-Laminate  M.S.'  and  takes  into  account  the  individual  lamina  properties,  layups,  etc.; 
i.e.,  the  basic  ply  X,  Y,  and  T  strengths  are  employed  in  conjunction  with  internal  ply 
stress  distributions.  These  two  approaches  were  studied  as  a  means  of  comparing 
computational  procedures  (the  former  method,  'Hill-Gross,'  being  somewhat  faster) 
and  analytical  results.  These  comparisons  are  illustrated  in  Figures  4  (a)  and  (b)  which 
present  a  side  view  of  the  structure  with  M.S.  contours  shown  for  each  of  the  two  criteria 
for  Load  Condition  1.  The  stringer  and  ring  M.S.'s  are  the  same  in  both  cases  by  virtue 
of  the  problem  formulation.  The  two  criteria  show  the  same  general  distribution  patterns; 
however,  the  'Hill-Laminate  M.S.'  method  gives  lower  values  for  the  skin.  In  the  follow¬ 
ing  discussions,  only  the  'Hill-Laminate  M.S.'  values  are  shown,  since  these  are  con¬ 
sidered  to  have  a  more  firm  analytical  base  and  are  conservative  with  respect  to  failure 
predictions.  Predicted  allowable  stress  levels  used  for  these  M.S.  calculations  are 
given  in  Table  II. 


^Subsequent  to  this  analysis,  it  was  decided  to  reverse  the  direction  of 
vertical  bending  load  in  the  response  and  destruct  tests.  Thus,  the  top 
of  the  component  will  be  in  compression  instead  of  tension. 
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Tenaion,  M.S. 


3.2  Skin 
3.1  Stringer 


Figure  4(a).  Margin  of  Safety  Contours  -  Hill-Gross 


Figure  4(b).  Margin  of  Safety  Contours  -  Hill-Laminate 

0- 
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TABLE  II 


PREDICTED  TREATED  "THORNEL"  50  ALLOWABLE  STRESSES* 


'Hill-Gross  Properties' 

xT 

xc 

Jt 

Yc 

T 

Skin 

30.3 

34.6 

32.5 

36.8 

11.0 

Stringers 

61.7 

55.0 

— 

— 

Buildup 

43.7 

41.6 

43.7 

41.6 

14.0 

'Hill-Laminate  Properties' 

0°  Ply 

_ T 

xc 

yt 

Yc 

T 

65 

70 

2.5 

28 

7.C 

El  =  32.7 

‘'lt  =  °-290 

Et  =  1.27 

"tl  =  0011 

Glt  =  0.83 

VF  =  65% 

♦Units  are: 

Stress  (ksi)  (ultimate) 
Modulus  (106  psi) 


Figure  5,  a  contour  plot  of  the  computed  margins  of  safety  on  the  developed 
she  1,  shows  more  definitively  than  Figure  4  the  gross  shell  behavior  for  Load  Condition 
.  As  expected,  tensior  governs  the  load-carrying  capability  of  the  upper  surface,  and  the 
contours  there  serve  to  indicate  the  distribution  of  axial  tension  in  the  upper  surface. 
Similarly,  compression  governs  the  lower  surface.  The  influence  of  a  higher  allowable 
strength  m  compression  than  in  tension  is  reflected  in  the  higher  M.S.'s  shown  at  the 
bottom  of  the  fixed  end  in  comparison  with  those  at  the  top. 
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Frames 


14-15  12-13  ^HKn  |^9 


Figure  5. 


.  Stringers 

Margin  of  Safety  Distribution  (Developed  Shell) 
Load  Condition  1  -  Vertical  Shear 
"Hill  -  Laminate  Method" 


The  side  panels  of  the  component  (between  Stringers  6-7  and  10-11)  are 
governed  by  shear  stresses,  and  the  M.S.  contours  in  these  regions  reflect  the  shear 
stress  distribution.  The  influence  of  taper,  as  seen  in  Figure  5  serves  (a)  to  give 
increasing  M.S.’s  from  tip  to  root  due  to  the  shear  stress  reduction  with  increased 
diameter  and  (b)  to  cause  elongation  of  the  contour  loops  on  the  lower  (compression) 
side  due  to  the  higher  compression  allowable. 

Figures  6  and  7  show  the  axial  and  shear  load  distributions  in  the  shell  for 
Load  Condition  1,  and  Figure  8  shows  the  vertical  displacements.  These  data  indicate 
that  the  structure,  because  of  its  rigidity,  behaves  essentially  as  a  beam. 


F’gure  9  presents  a  margin  of  safety  contour  plot  on  the  developed  shell  for  Load 
Condition  2.  As  in  Load  Condition  1,  tension  governs  the  upper  surface,  and  compression 
governs  the  lower  surface.  The  influence  of  taper  for  this  load  condition  increases  the 
M.S.'s  (all  are  positive)  as  the  root  is  approached  and  results  in  closed  contour  loops 
The  effect  of  a  higher  compression  allowable  is  seen  both  on  the  minimum  M  S  at  the 
loaded  end  upper  surface  and  on  the  location  of  the  transition  region  between  tension  and 
compression,  which  is  shifted  above  the  horizontal  centerline. 

Figures  10  and  11  give  typical  axial  stress  responses  and  the  shell  dis¬ 
placements,  again  indicating  beam -type  action. 

The  results  of  the  analysis  for  Load  Condition  3,  torsion,  showed  no  un¬ 
expected  behavior  of  the  structure.  The  margin  of  safety  contour  plot  showed  curves 
parrllel  to  the  developed  frames  with  values  ranging  from  2.4  at  Frame  1  to  1.6  at 
Frame  4.  Shear  stress  distribution  in  the  shell  was  found  uniform  with  respect  to  radial 
position,  being  133  lb/in.  at  Frame  1  and  166  lb/in.  at  Frame  4.Tangential  displacements 
along  the  shell  were  linear  with  respect  to  stations  along  the  Z-axis. 

Results  of  analysis  for  Load  Condition  4  snowed  that  the  structure  response 
does  not  conform  to  simple  beam  theory.  Figures  12  and  13  give  the  distribution  of 
axial  and  shear  stress  at  various  cross  sections  of  the  shell  for  Load  Condition  4 
From  the  diagrams  of  Figure  12,  the  effect  of  load  'dumping'  into  stringers  is  evident 
(note  the  steps  in  the  plots).  Further,  near  the  fixed  end,  the  stress  distribution  is 
not  quite  linear  because  of  the  load  diffusion  effect;  however,  with  greater  L/D  propor¬ 
tions,  this  trend  toward  Mc/I  would  be  expected.  Figure  14  shows  frame  radial  de¬ 
formations.  Finally  Figures  15  (a,  b,  and  c)  show  developed  surface  contour  plots  of 
axial,  tangential,  and  shear  loads. 
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Figure  6. 


Axial  Stress  Distribution 


in  Fuselage  Shell-Load  Condition  3 
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Figure  6  (cont) 
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(c)  N  on  the  Root  Side  of  Frame  3,  Ib/in. 


id)  N  on  the  Root  Side  of  Frame  4,  lb/in. 
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Axial  Stress  Distribution  in  Fuselage  Shell-Load  Condition  1 
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Frame  1  (Tip  Side) 
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Frame  2  (Tip  Side) 


Frame  3  (Root  Side)  Shear  Stress 
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re  7.  Shear  Stress  Distribution  in  Fuselage  Shell-Load  Condition  1 


Note:  All  points  a t  each  station  displace 
essentially  the  same  distance 


Figure  8.  Vertical  Displacements  of  Fuselage  Shell-Load  Condition  1 
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Figure  12.  Axial  Stress  Distribute  in  Shell-Load  Condition  4  -  Local  Vertical  Lead 
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Figure  13.  Shear  Flow  Distribution -Load  Condition  4  -  Local  Vertical  Load 


Figure  14.  Frame  Deflections  with  Local  Applied  Load 


-33- 


C.  Anticipated  Shell  Behavior 

(Dr.  K.  H.  Sayers,  D.  L.  Turner,  and  D.  P.  Hanley,  Bell  Aerosystems) 

Several  analytical  investigations  were  conducted  to  determine  the  expected  per¬ 
formance  of  the  fuselage  component  during  test.  These  studies  primarily  concerned 
structural  integrity  of  the  stringer/ring/skin  combination  tie.  Some  concern  over  this 
juncture  region  had  been  expressed  because  no  clips  join  the  rings  to  the  stringers. 

The  basic  shell  geometry  and  the  selected  ring  design  given  in  Figure  149  of  Reference 
3.  The  analytical  investigations  are  reported  in  three  areas-  (1)  shell  buckling  anal¬ 
yses  considering  various  degrees  of  ring  effectiveness  with  idealized  stringer/ring/ 
skin  ties,  (2)  a  discrete  element  buckling  analysis  of  a  critical  shell  section  consider¬ 
ing  a  realistic  stringer/ring/skin  tie,  and  (3)  analysis  of  ring/skin  bond  loads  due  to 
Poisson  effects. 

Shell  characteristics  assumed  nominal  properties  Skin  thickness  was  taken  as 
0.047  inch  with  a  fiber  volume  content  of  50%.  Stringer  properties  were  based  on  average 
measurements  in  the  compression  critical  shell  region  (Stringer  Nos.  14-19,  shown  in 
Figure  149(b)  of  Reference  3:  0.041  inch  thickness,  with  VF  ---  49%.  Stringer  cross- 
sectional  area  was  0.0803  in.2.  Ring  geometry  assumed  0.01  G  in. /layer  thickness  with 

= 50%. 

F 

1.  Shell  Buckling  Analyses 

Elastic  properties  of  the  various  "Thornel"  50  shell  elements  were  calculated 
by  using  values  determined  from  previously  given  characteristics.  These  properties  were 
then  used  in  the  NASA  Program1  do  predict  failure  loads  and  buckling  modes  of  T>.  -in. 
diameter  cylinder  with  various  degress  of  ring  effectiveness.  Strength  cut-offs  were 
also  calculated.  Results  are  given  in  Table  III. 


TABLE  III 


RESULTS  OF  SHELL  BUCKLING  ANALYSES 
-Failure  Loads,  N  (lb/in.)- 

X 

Failure  Mode 

Present 

Ring. 

Design 

Ring  Stiffnesses 

50%  of 

Present  Design 

No  Rings 

General  Instability 

21,500 

17,700 

1,900 

Panel  Buckling 

6,010 

6,010 

1,900 

Strength  Cut-Off 

3,010 

3,010 

3,010 

-35- 


Compared  with  results  given  in  Section  IX  B  of  Reference  2, the  high  loads/ 
inch  in  compression  due  to  bending  at  which  instabilities  occur  are  due  to:  (a)  the  use 
of  "Thornel"  50  properties  instead  of  "Thornel”  25  and  40  properties  used  previously 
and  (b)  actual  stringer  thicknesses  greater  than  nominal  (0.041  in.  actual  vs.  0.033  in.). 
The  data  in  Table  III  show  that  general  instability  and  panel  buckling  conditions  could  be 
more  closely  matched  in  the  shell,  thereby  providing  a  somewhat  lighter  weight  design 
y  using  rings  of  reduced  stiffness  or  by  using  fewer  rings.  For  the  present  shell  with 
rings,  the  panel  buckling  mode  is  critical;  however,  this  load  (6,010  lb/in  )  is  we1! 
above  the  strength  cut-off  (3,010  lb/in.). 


The  strength  cut-off  (therefore,  the  performance  estimate)  for  the  shell  was 
determined  as  follows.  Average  stringer  compression  strength  measured  by  Union  Carbide 
on  coupons  cut  from  stringers  13  through  20  (see  Section  IV  D)  was  49,940  psi,  reasonably 
close  to  the  expected  compression  strength  of  55,040  psi.  Computed  tensile  strength  of  the 
stringer  was  61,700  psi  and  was  not  critical,  since  it  is  greater  than  the  stringer  com¬ 
pression  strength.  Computed  stringer  modulus  is  22.6  x  10~6  psi.  Therefore  the  pre¬ 
dicted  failure  strain  is  F 


e 

max 


49.95  x  103 
22.6  x  106 


0.00221. 


Imtial  skin  ouckling  is  not  expected  to  occur,  and  the  skin/stringer  combination  is 
stringer -critical  in  compression.  Computed  skin  modulus  is  11.65  x  106  psi  and  skin 
stress  at  stringer  failure  is  0.00221  x  11.65  x  106  =  25,700  psi.  Hence,  the  expected 
load/inch  at  failure  is 


(Nx)  ult  =  25,700  x  0.047  +  49,950  x  0.0803/2.23 
=  3,010  lb/in., 

where  2.23  is  the  stringer  pitch  in  inches. 


Thus,  the  fuselage  component  would  be  expected  to  fail  at  a  load  of —  3,010 
lb/in.  due  to  the  stringers  reaching  their  ultimate  compression  strength  near  the  i.op 
centerline  of  the  shell.  Since,  however,  the  expected  stringer  tensile  strength  cut-off 
is  close  to  the  compiession  cut-off,  there  is  some  uncertainty  as  to  which  side  will  fail 

baSlS  °f  the  treated  "Thol'nel"  50  end  attachment  specimen  test  which  failed 
at  2,710  lb/in.  (see  Section  IV  B),  failure  on  the  tensile  side  is  slightly  favored. 


Panel  and  general  instability  loads  for  the  shell  are  well  above  the  compressive 
strength  cut-off  loading,  and,  hence,  the  shell  is  not  critical  in  either  of  these  modes. 

?mhnTKrmgSuat  all>  general  instability  would  occur  at  1,900  lb/in.  From  1,900  Ib/in.  to 
,0  0  lb/ in.,  the  rings  are  being  relied  upon  to  prevent  shell  instability,  their  primary 
function.  The  presence  of  the  rings  raises  the  critical  shell  instability  mode  to  6,010  lb/ 
in.,  almost  twice  the  expected  ultimate  strength.  Thus,  very  small  column  effects  are 
expected  during  the  shell  destruct  test. 
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2. 


Finite  Element  Analysis  of  Critical  Shell  Segment 


A  single  stringer  segment  of  the  fuselage  component  has  been  idealized  to 
enable  a  linear  elastic  finite  element  general  instability  analysis  to  be  conducted. 

Idealization  was  based  on  the  geometry  given  in  Figure  149(b)  of  Reference  3 
The  idealized  segment  (of  Stringer  Numbers  16  or  17),  assembled  from  planar /bending  ' 
quadrilateral  shell  elements,  represents  a  single  stringer  segment  of  the  structure 
extending  between  Frames  1  and  4  (Figure  16)  .  The  root  end  was  considered  built-in 
the  tip  end  being  subjected  to  boundary  conditions  such  that  when  loaded  in  compression 
it  behaves  as  if  it  were  built-in,  i.e.,  rotations  were  not  permitted.  Longitudinal  segment 
edges  carry  symmetric  boundary  conditions. 


The  ring  frame  segments  were  represented  by  sandwich  plate  elements  lying 
in  the  radial/ tangential  mid-plane  of  the  ring,  with  "reduced"  fiame  elements  (no  tor¬ 
sional  or  radial  bending  stiffness)  representing  the  "inner  cap"  of  the  ring  frame  (see 
Figure  16).  The  structure  between  frames  was  represented  by  three  sets  of  shell  and 
stringer  elements.  The  resulting  idealization  consists  of  110  elements  with  96  grid 
points  representing  a  404  degree -of-freedom  system.  This  system  is  condensed  to  a  316 
degrees -of -freedom  model  for  the  instability  eigenvalue  problem.  Numerical  results 
from  the  analysis  are  expected  in  the  next  report  period. 

3.  Local  Ring/Skin  Bond  Loads 

Analysis  of  local  ring/skin  bond  loads  was  performed  with  reference  to  a 
22 -inch  diameter  cylinder  loaded  in  direct  compression.  The  ring/skin  bond  load  at  an 

axial  load  level  corresponding  to  shell  failure  was  estimated  as  follows.  Failure  strain 
given  previously  is 

^Axial  =  °-00221  at  Nx  =  3,010  lb/in. 

Circumferential  strain  is 

f  Circum  =  *12  ^Axial  =  °-083  x  °-00221  =  0-000183. 

If  no  rings  were  present,  the  increase  in  shell  radius  would  be 

<5  =  ^circum  x  R  =  °- 000183  *  ll  0-l  =  0.00202  in. 


1  he  presence  of  the  rings  means  that  the  combined  structure  will  have  a  lesser  radius 
increase,  A  .  Circumferential  compression  will  be  developed  in  the  skin  and  tension  in 
the  r.ngs.  If  one  considers  only  membrane  effects,  the  radius  increase  is 


JUE  <$ 

Circum 


n.  +  (EA) 
Circum  Bing 


0.00174  in.. 
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Distributed 

Axial  bond 


Noto:  Hatched  areas  indicate  sandwich 
plate  elements  representing  ring 
frame  segments. 


\ 


Stringer  Segment  Crone  Section  e.t  Typienl  Frnme 
showing  Element  Breakdown 


Figure  16. 


Idealization  and  Typical  Cross 


Section  for  Instability  Analysis 
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where 


X  =  12.0  in. 
t  0.047  in. 

n  9 

E_.  -  13.26  x  10  lb/in. 

Circum 

g 

(EAl  .  =  1.16  x  10  lb 

Ring 


(ring  spacing), 

(  'kin  thickness), 

(circumferential  skin  modulus),  and 
(ring  circumferential  stiffness). 


The  circumferential  skin  and  ring  direct  stresses  induced  by  this  effect  ar  very  low. 
The  associated  load/ring  is 


P 


6 

-  1.16  x  10  x 


0.00174 

11.021 


=  184  lb. 


Hence,  ring  interaction  loading  normal  to  the  ring-to-skin  joint  is 


w 


P 

R 


184 

11.02 


=  16.6  lb/in. 


The  loading  per  inch  of  bond  line  is 


w' 


16.6 

2 


x 


2.23 

1,13 


=  16.4  lb/in. 


The  above  load  accounts  both  for  the  fact  that  there  are  two  bond  lines  and  for  tne 
interruption  due  to  the  stringer  cutouts  in  the  rings. 

The  peel  tests  (Table  LXV  in  Reference  3)  gave  peel  bond  loads/inch  from  13.2 
to  28.6  lb/in.  (average  20.1  on  five  tests).  These  tests  used  untreated  "Thornel"  40 
laminates,  and  fractures  were  characterized  by  failures  in  the  short  transverse  direction 
of  the  laminates  themselves.  The  treated  "Thornei"  50  laminates  currently  being  used 
have  higher  tensile  transverse  strengths;  hopefully,  the  peel  strengths  will  also  be 
improved.  Additionally,  in  the  peel  tests,  considerable  skin  bending  was  involved;  very 
little  skin  bending  is  expected  during  the  shell  tests. 

The  estimates  of  the  skin-to-ring  bond  loadings  due  to  Poisson  effects  are  with¬ 
in  the  lower  part  of  the  range  of  values  obtained  in  previous  peel  tests.  The  latter  were 
somewhat  severe  tests  which  were  conducted  with  and  used  untreated  "Thornel"  40 
samples.  With  the  type  of  loading  expected  in  the  treated  "Thornel"  50  shell  test,  higher 
bond  strengths  are  anticipated. 
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SECTION  IV 


TESTS  OF  PANELS  AND  STRINGERS 


.  estaklish  data  for  the  design  and  analysis 

studies  of  the  fuselage  component  were  reported  in  Sections  IX  E 
throUgh  J  Of  the  Third  Annual  Report. (»)  PData  were  obtained  from 
tests  of  coupons  cut  from  flat  panels  and  stringers  and  from  tes?s 
of  stiffened  panels  with  and  without  glass-reinforced  clastic  Anri 
aluminum  end-attachment  buildup.  During  this  period!  toe  graphite 
fiber  used  was  changed  from  "Thornel"  40  to  a  "Tho-nel"  50  f?h»? 

continuallv'bein"6  C°mp0si^  she“  strength/  lament!  ££* 
f  1  separated?  ??  “a  treatment  P-°«ss,  and  each  treatmenl 

fa"icattonlga?h!  Vu™,  *°  Start  °£  the  fuSela^e  -nrponen! 

*?k  uTh?  fusela9e  component  was  fabricated  almost  entirely 

from  fibers  which  received  Treatments  D  or  E .  ^ 

In  this  section,  additional  design  data  and  auali tv 
control  test  results  are  reported.  End-atLchment  -st  specimens 
with  a  modified  design  were  fabricated  and  tested.  Tests^e^e 

CUt  from  flat  Panels  made  with  fibers  which 
Yed  flnal  treatment  (Treatment  E)  in  order  to  obtain 

R^iltsna!e  reoo??  $h®  material  used  in  the  fuselage  component. 
Results  are  reported  on  various  tests  carried  out  on  f,1CQi  = 

component  stringers.  The  section  concludes  wito  a  ™r!  oI  9e 

the  quality  control  tests  that  were  made  to  evalua/  toe  ex^fri 
mentally  treated  yarn  used  in  this  program  eValUate  the  exPen- 


A. 


fabrication  of  End-Attachment  Test  Speoim^ng 
(A-  A.  Pallozzi ,  Union  Carbide) - 


The  original  end-attachment  design  for  the  fusol^rto 
component  was  described  in  Section  IX  C  of  the  Third  Annual ^ 
Report;  Figure  151  of  the  Third  AnnSa!  Report  s^wf  toe  design 
of  the  end-attachment  test  specimens  used  to  evaluate  the  attoch? 

capsf'the  modifled^design^is/s^owli^n^the^iina^flLililii1™4*'”^^^11^' 
drawing  (Figure  149  (b)  of  the  Third  Annual  Report?  ccmPonent 

"Thornp  1  "  bothbhe  modified  design  and  the  treated 

hornel  50  fiber  used  in  the  component  might  be  evaluated 
-wo  end-attachment  test  specimens  were  fabricated  The  fabric* 
tion  piocedure  was  similar  to  that  described  in  Section  fv  n  ? 
of  the  ihird  Annual  Report,  except  for  the  modified  design  and 
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the  use  of  treated  "Thornel"  50  fiber  In  th*  4- 

six  layers  of  Narmco-550  adhesive  glass  liber  prepreg*  1^^181 
glass  cloth)  were  used  to  cover  the  stringer  caps?  eight  lavers  1 
were  used  for  the  compressive  test  specimen.  ^ 


The  lay-up  configuration,  dimensions,  and  physical 

Tabl^TV63  e?f"attachment  test  specimens  are  listed  in 

Treatment  C  ^ibers^'and8^"^^0^6^  Spe“  *as  -a^  with 
ireatment  c  fibers,  and  the  compression  specimen  utilized  nri - 

manly  Treatment  E  fibers.  The  compressive  strength*  ? 

specimens  cut  from  the  ends  of  two  of  the  stringers  used  o^thf^ 

tensile  specimen  were  in  the  uoner  n*r+-  ^  a-uZ  9  the 

obtained  for  stringers  made  w??h  tr^ted  fibe^*"96  °f  ValUSS 


:s.&5t!r s2-;££ST^;:ilsnsr 
= -xr‘- 


TABLE  V 

WEIGHT  ANALYSIS  FOR  END-ATTACHMENT  TEST  PANELS 


Weight  (lb) 


Item 

Panel  No. 
SP50-3 

Plate  and  Stringers 

Glass  Buildup  0.050  in.  Thick 

GRP  Laminate  &  Prepreg  Buildup 
0.420  in.  Thick 

Glass  Layers  Over  Stringer  Caps 
Aluminum  End  Plates 

Material  Removed  in  Drilling 

Holes  for  Fasteners 

Fasteners 

0.371 

.175 

1.213 

.159 

.796 

Panel  No 
SP50-4 


0.446 

.134 

1.232 


.231 
.870 
-  .092 


2.71* 


Total  Weight 
*Panel  SP50-3  was  shipped  without  fasteners 


.583 


3.40 


■Product  of  Whittaker  Corporation,  Narmco  Mate 


rials  Division. 
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TABLE  IV 

DIMENSIONS  AND  PHYSICAL  PROPERTIES 
OP  END-ATTACHMENT  TEST  SPECIMENS 
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B. 


Tests  of  End-Attachment  Specimens 

(Dr.  K.  H.  Sayers  and  D.  P.  Hanley,  Bell  Aerosystems) 

Two  stiffened  panels  with  built-up  ends  were  tested  in 
tension  and  compression  to  evaluate  a  modification  which  was  made 
in  the  end-attachment  design  for  the  fuselage  component.  A  descrip¬ 
tion  of  this  modification  and  of  the  panel  fabrication  is  given  in 
Section  XV  A.  The  tests  also  served  to  evaluate  further  the 
increase  in  performance  due  to  the  use  of  a  treated  "Thornel"  50 
fiber. 

1„  Tension  Panel 


The  first  specimen  was  tested  in  tension  at  load  incre¬ 
ments  of  100  lb;  gages  were  read  during  load-holds.  A  very  slight 
amount  of  cracking  was  heard  above  a  load  of  8000  lb,  probably  due 
to  loading  of  the  fiber  glass  as  evidenced  by  slight  discontinuities 
in  the  output  of  gages  mounted  on  the  buildup.  Ultimate  failure 
occurred  suddenly  at  15,000  lb  after  approximately  15  sec  at  that 
load.  This  load  corresponded  to  a  load  per  inch  of  panel  width  of 

(N  )  -.  =  2710  lb/in. 
x  ult 

Examination  of  strain  gage  data  showed  that  panel  bending 
was  greatly  reduced  compared  with  the  previous  "Thornel"  40  tensile 
test  and  was  comparable  with  that  observed  in  tests  of  the  various 
compression  panels  (overstraining  on  skin  side) .  The  gage  outputs 
showed  that,  near  their  ends,  the  stringers  were  -loading  as  intended. 
All  gage  outputs  remained  linear  (no  creep  was  observed) .  Figure  17 
shows  typical  measured  strain  distributions. 


Strain 
c  (in. /In.) 
0.001  r- 


Tension  Test 


Skin 

St  ringers 


Compression  Test 


0.001  l— 


TT - IT  IT  TJ  IT  IS 

Figure  17.  Treated  "Thornel"  50  Panel  Strains  at  P=  14,000  lb 
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test  (Fimirp1^68  °f  skin  and  strin9ers  in  the  tension 

test  (Figure  18)  appeared  to  be  of  the  tensile  type  (not  the  shear 

the^'steps^were^smal  1  *T  S\ight  "StepPin9"  "2  observed?  though 
the  steps  were  smaller  than  those  seen  in  the  compression  tests? 

.  T=K1.  w?esuitf  °f  the  tension  panel  failure  analysis  are  given 

. .  f  Calculations  based  on  the  assumption  that  strains  at 

the  fracture  were  the  same  as  those  at  the  panel “enter  show  “hat 
the  average  stringer  tensile  stress  at  failure  waq  4 a  ?nn  a 

than  th  the-,skin  19'500  Psi.  These  values  are  significantly  less 
han  the  values  expected  for  coupons  cut  from  flat  panels  with  t-he 
same  fiber  content  and  fiber  properties  as  those  of  the  strinL 
and  skin  on  tae  stiffened  panel  (62,000  psi  for  the  strinaer  lav" 

Sec^on  ?v°r?  PSJ  ^  thVkin  la^uP'  based  ^  g^eTL  " 

^ '  Analytically  predicted  strengths  are  64,000  psi 
stringers  and  25  .000  psi  for  the  c^i  n  fLni1  u  .  , 

known  with  certainty  whether  the  stringers  or '  the  skin9f ailed5 
fj”*'  ts  more  probable  that  failurl  first  oc?urreS  inthe 
stringers.  Possible  causes  of  lower-than-expected  strinqer 
strength  are  nonuniformities  due  to  composite  fabrication  non- 

in^he™  stringers?3"109  °f  ^  Strin^S'  *“d  interLTmi^ocracks 


TABLE  VI 

ANALYSIS  OF  TREATED  "THORNEL"  50  TENSION  TEST 


Panel  Number  SP50-3 

Nx  (ult)  =  2710  lb/in. 

Element 

t 

( in. ) 

Average 

V  £  Failure 

F  (Computed)  Strain 

(psi)  e  (in. /in 

Estimated 
Stress  at 
Failure 
•)  (psi) 

Skin 

Stringers 

0.041 

0.039 

^2  9.8  x  106  0.00242 

55  25.1  x  106  0.00224 

\ 

19,500 

46,200 

i* 

Overall 

Panel  Stiffness,  P/e  (lb) 

Eeq  (psi) 

Computed 

Test 

7.97  x  106 

15,000/0.00242  =  6.20  x  106* 
15,000/0.00224  =  6.70  x  106#* 

17.5  x  106 

13.6  x  106* 

14.7  x  106** 

*Based  on  strain  in  skin. 
**Based  on  strain  in  stringer. 
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•  w 


The  equivalent  modulus  of  the  tension  panel,  computed 
on  the  basis  of  a  nominal  50  million  psi  modulus  fiber,  is  17.5 
(in  units  of  million  psi) .  Because  of  eccentricities  in  loading, 
the  strains  in  the  skin  and  stringers  were  unequal.  If  one  makes 
the  assumption  that  the  average  panel  strain  is  given  by 


e  = 


„  (Ast  Est  est}  est  +  (Ask  Esk  esk}  esk 


Ast  Est  est  +  Ask  Esk  Lsk 


(IV  B-l) 


where  "st"  denotes  the  stringers  and  ' sk"  denotes  the  skin,  the 
actual  panel  modulus  is  estimated  to  be 


E  ■= 


P 


+  \k> £ 


14.4  x  106  psi. 


(IV  B-2) 


based  on  calculated  values  of  Egt  and  Esk  and  measured  values  of 
the  other  quantities.  The  difference  between  this  value  and  the 
computed  modulus  of  17.5  can  be  accounted  for  by  the  fact  that 
the  modulus  of  the  fibers  used  in  the  panel  was  only  42.4  (see 
Section  IV  E) .  Thus,  the  computed  panel  modulus,  based  on  the 
measured  fiber  modulus,  is  17,5  x  42.4/50  =  14.9,  a  value  which 
is  only  3  percent  greater  than  the  estimated  actual  panel  modulus. 
The  computed  stringer  modulus,  based  on  the  measured  fiber  modulus, 
is  25.1  x  42.4/50  =  21.3,  which  is  6  percent  greater  than  the 
average  measured  stringer  modulus  of  20.1. 

2 .  Compression  Panel 

Since,  in  the  tension  test,  the  panel  skin  strained,  more 
than  the  stringers  did,  two  extra  layers  of  glass  fiber  prepreg 
were  draped  over  the  stringer  caps  and  the  GRP  laminate  block  in 
the  fabrication  of  the  compression  specimen.  The  specimen  was 
tested  in  compression  with  500  lb  load  increments,  the  gages  again 
being  read  during  load-holds.  The  amount  of  panel  bending  was 
similar  to  that  observed  in  the  tension  test,  although  reversed  in 
sign  and  direction  (overstraining  on  stringer  side),  as  may  be  seen 
in  Figure  17.  Therefore,  in  the  fuselage  shell  component  fabrica¬ 
tion,  only  one  extra  layer  of  glass  prepreg  was  used  in  the  end 
bui ldup. 


No  cracking  was  heard  during  this  compression  test.  The 
skin  buckled  prior  to  failure.  Initial  skin  buckling  occurred  at 
approximately  12,500  lb  or  an  (Nx)IaB<  =  2250  lb/in.  Ultimate 
failure,  near  the  center  of  the  panel)  occurred  at  a  load  of  17,000  lb# 
corresponding  to  30^0  Ib/in.  The  failure  mode  appeared  similar  to 
that  of  the  tension  panel  (Figure  18) . 
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Results  of  the  compression  panel  failure  analysis  are 
given  in  Table  VII.  The  calculated  stringer  and  skin  stresses 
at  failure  were  45,000  and  17,600  psi.  The  strength  of  the 
stringers  was  near  the  average  for  stringers  made  with  treated 
fibers.  The  strengths  expected  for  coupons  cut  from  flat  panels 
with  the  same  fiber  content  and  fiber  properties  as  those  of  the 
stringers  and  skin  on  the  stiffened  panel  are  64,000  psi  for  the 
stringer  lay-up  and  35,000  psi  for  the  skin  lay-up,  based  on  data 
given  ii.  Section  IV  C.  Analytically  predicted  strengths  are 
53,200  psi  for  the  stringers  and  32,900  psi  for  the  skin.  Com¬ 
parison  of  these  numbers  with  stresses  in  the  stiffened  panel  at 
failure  indicates  that  the  stringers  failed  first. 


TABLE  VII 

ANALYSIS  OF  TREATED  "THORNEL"  50  COMPRESSION  TEST 


Panel 

Number  3P50-4 

N  ( I .  B  .  )  'v  2250 

X 

|  Ib/in 

Nx 

(ult)  =  3070 

lb/in. 

Average 

Estimated 

VF 

E 

Failure 

Stress  at 

t 

(Computed) 

Strain 

Failure 

Element  (in.) 

(*) 

(psi) 

e  (in. /in.) 

(psi) 

Skin  0.047 

55 

12.6  x  106 

0.00188 

17,600 

Stringers  0.045 

56 

25.6  x  106 

0.00236 

45,000 

Overall  Panel  Stiffness,  P/e  (lb) 

E 

eq 

(psi) 

Computed 

10.1  x  106 

19.2 

x  106 

Test 

17,000/0.00188  =  9.04  x  106* 

17.2 

x  106* 

17,000/0.00236  =  7.20  x  106** 

13.7 

x  106** 

*Based  on  strain  in  skin, 

*#Based  on  strain  in  stringer. 

The  computed  equivalent  modulus  of  the  compression 
panel  is  19.2  (in  units  of  million  psi)  based  on  the  nominal 
fiber  modulus  of  50;  the  computed  panel  modulus  is  17.7  based  on 
the  average  measured  moduli  of  the  fibers  in  the  skin  and  stringers 
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M5.4  and  46.6,  respectively).  The  actual  panel  modulus  has  been 

!oadmL:ei  or85oosrd  strair  of.the  skL  n  l  n 

load  ?V $  0^  weilPin?o  the^o^^u^^SInditL"  Tt 

3  X?aK  °^8^00  lb'  the  esti^ated  panel  modulus  is  15  7-  in  the 

modu^usCis  14T  a'd0"  at  17'2°2  lb  l03d'  the  esti™^  P^el 
modulus  is  14.5,  a  decrease  of  8  percent.  The  reason  that  the 

estimated  panel  modulus  (15.7)  prior  to  initial  buckling  is  11 

percent  less  than  the  modulus  (17.7)  computed  with  the  Ltual 

fiber  moduli  is  not  known.  These  results,  togetoer  with  the  ten 

moduli’7  The  desl9n)  panel  dimensions,  fiber  contents,  and  fiber 
vlblalion  tlst  Is^fl  o  “US  meaalJred  bY  a  S°nlc  ^sonant 

r  tesr  ls  ^J.U.  This  value  is  only  4  nercpni-  iPcc 
the  value  of  23.9  computed  with  the  actual  stringer  fiber  modulus. 

c.  Tests  of  Flat  Panels 

TS°^2biSj  G’  PrOCt°r'  and  Dr‘  G-  «.  Spence, 

section  rvB?S1f  ^Ch^icf1  Pr°PertY  data  were  reported  in 

on  IX  F  of  the  Third  Annual  Report!3)  for  "Thornel"  50/ERL 
2256  composites  made  with  fibers  which  had  received  experimental 
treatments  to  improve  the  composite  shear  stlenouT  Prlne“! 
were  given  for  a  unidirectional  lay-up,  the  (90°  15°  -15?  9o°TS 
skin  lay-up,  and  the  (10°  -10°  -in°  iSo  !  •  '  15  '90  ) 

this  period,  the  fiber  treatment  process  Xa^bfi^g^odified^nd"9 
improved  For  plates  made  with  fibers  which  received  Treltmlnt  B 
the  tensile  strength  was  less  than  the  compressive  ItrewthiS 

cfSe  configurations.  A  less  severe  tleltmlnf  (lllat- 

p5o'pn  WSd  dev®i°P®d.  Measurements  made  on  the  7-ply  (0°)  plate 
P50-211  made  with  this  fiber  indicated  a  much  better  balancehe- 

waIestillSslightlyClessethInethf°cIrt;LeS''bUt  th®  tensile  strength 
less  severe  treatment  was  introduced^TreXtoent^^later  slx9htlY 

Unif°rmit^  ( Treatmen t^ eI I  “iimosTlil 

received^theMleltmenfror^rlatmenl  ^  fUSelage 

plates  werfmadf^th^rber^whic^  recefved^reatmen?  bh\£omPonent' 
system  was  Union  Carbide's  ERL  2256/MPDA  dh  •  ^  resin 

s S£rs,a,°; t2  1*”  “"S2 2-sr;1 

in  Tables  k  X  and  ki  rngSr  (ay~Up  configfrations  are  listed 
used  in  these  ^blls  L  gi^n^S^VI?!  n°tatl“  and  “its 
the  same  as  those  described  in  previous  reports?! 1 ,py?°edures  were 


48- 


TABLE  VIII 

oIMBOLS  AND  UNITS  USED  IN  TABLES  OF  COMPOSITE  PROPERTIES 


Symbol 


Est.  Compr* 

Sp.  No. 

Str.  No. 
Str.  Loc. 
Treat . 

A 

AE 
E 


son 


E 


sta 

l/t 

Mf 

€ 

vf 

Vv 

e 

P 

a 

tSBS 

DIM 

NB 


Item  and  Unit 


explana?lon?mPre5SlVe  proPertieE'  See  text  for 
Specimen  number 
Stringer  number 

Location  of  stringer  In  the  fuselage  component 

^phab:UcTLTrlmental  flber  treatment8  «-e  labeled 
Specimen  cross-sectional  area  (In.2) 

Cross-sectional  area  times  modulus  (I06lb) 

^equencrao‘ps?fermlned  ^  8°nlC  re30nanfc 

b train8 gages ''(lO'pBl)'"106'3  fr°m  8  8tatlC  teat  Klth 
Span  to  depth  ratio  In  short  beam  shear  test 
Fiber  mass  content  In  composite  (percent) 

Ply  thickness  (l(r3in.) 

Fiber  volume  content  In  composite  (percent) 

Void  volume  content  in  composite  (percent) 

Fracture  strain  (percent) 

Density  (lb/in.3) 

Fracture  strength  (I03psi) 

(10  Vl)am  8hear  strenSth  by  3-point  flexural  test 

Specimen  destroyed  In  machining  or  mounting 

cap  hnkseid;8flxture  °0mpre8sed  unt11  restraining 


CO 

C90 

FC 

SO 

TO 

T90 


Compressive  specimen  oriented  in  0°  direction 
Compressive  specimen  oriented  in  90°  direction 
Fiber  content  specimen 

Short  beam  shear  specimen  oriented  in  0°  direction 
Tensile  specimen  oriented  in  0°  direction 
Tensile  specimen  oriented  in  90°  direction 
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TABLE  IX 

DIMENSIONS  AND  PROPERTIES  OF  THORNEL  COMPOSITES 

WITH  8-PLY  (0°)  LAY-UP 


Plate  No. 


ft  Treat . 

Sp.  No. 

P 

€ 

E 

son 

E„ta 

V 

0 

c 

P50-220 

T0-1 

.0521 

11.1 

25  =  6 

26.0 

0.j4 

62 

0.22 

E 

TO- 2 

.0522 

11.1 

25.8 

76 

T0-3 

.0532 

10.9 

26.6 

75 

•m  «r» 

TO-1! 

.0530 

10.8 

25.8 

— 

— 

89 

--- 

T90-1 

.0534 

10.2 

0.96 

0.94 

.012 

2.4 

0.26 

CO-1 

.052? 

10.8 

25.6 

25.4 

_ 

CO-2 

.0525 

10.8 

25.1 

_  __ 

_  __ 

71 

CO-3 

.0528 

10.8 

25.9 

— 

81 

— 

C90-1 

.0531 

10.4 

0.95 

0.94 

0.011 

_ 

_ 

C90-5 

.0534 

9.6 

0.97 

—  — — 

- 

>13 

C90-6 

.0535 

9.6 

0.97 

>19 

Sp .  No . 

D 

l 

Mr 

vr 

Vv 

Location 

FC-1 

.0528 

_  —  _ 

64.56 

56.8 

0.9 

Bottom 

FC-2 

.0527 

—  —  — 

65.28 

57.4 

1.2 

Top 

Sp .  No . 

l/t 

tsbs 

Sp .  No . 

1/t 

tSBS 

S0-1 

5.0 

5.58 

S0-8 

5.1 

6.00 

SO-2 

5.0 

5.66 

S0-9 

5.2 

6.10 

SO-3 

5.0 

5.76 

S0-10 

5.2 

5.84 

30-4 

5.0 

5.81 

S0-11 

5.2 

5.73 

S0-5 

5.0 

5.91 

S0-12 

5.1 

5.95 

S0-6 

5.0 

5.96 

S0-7 

5.1 

5.78 

Avg. 

5.1 

5.84 

Notes 


NB 

MB 


See  Table  VIII  for  explanation  of  symbols  and  units. 
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TABLE  X 

DIMENSIONS  AND  PROPERTIES  OP  "THORNEL"  COMPOSITES 
WITH  (90°, 15°, -15°, 90°)  LAY-UP 


Plate  No 
4  Treat. 

• 

Sp.  No. 

P 

l 

E 

son 

Est. 

V 

o 

e 

P50-221 

T0-1 

.0517 

11.2 

9.8 

9.8 

0.081 

32 

0.33 

E 

TO-2 

.0516 

11.5 

9-5 

— 

___ 

30 

TO-3 

.0517 

11.7 

9.8 

— 

34 

... 

T0-4 

.0510 

12.1 

9.9 

— 

— 

34 

— 

T90-1 

... 

12.9 

•>  _  _ 

11.3 

0.084 

44 

0.35 

T90-2 

— 

12.8 

— 

— 

38 

CO-1 

.0512 

12.8 

9.5 

10.2 

0.076 

CO-2 

.0511 

12.1 

10.0 

... 

... 

30 

... 

CO-3 

.0510 

13.0 

9.1 

... 

... 

29 

... 

C0-4 

.0513 

12.2 

10.0 

... 

... 

36 

... 

CO-5 

.0509 

13.1 

9.0 

— 

— 

27 

— 

C90-1 

.0510 

12.7 

11.5 

11.6 

.077 

C90-2 

.0509 

12.7 

11.3 

... 

.... 

40 

... 

C90-3 

.0508 

13.4 

11.2 

mn  mm  mm 

... 

39 

... 

C90-4 

.0509 

13.3 

11.1 

41 

Sp.  No. 

P 

Mr 

vr 

Vv 

Location 

FC-1 

.0503 

»  — — 

5*1.52 

46.4 

2.0 

Bottom 

FC-2 

.0511 

— 

58.53 

50.7 

1.5 

Top 

See  Table 

VIII  for  explanation  of  symbols 

and  units. 
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TABLE  XI 

DIMENSIONS  AND  PROPERTIES  OP  “THORNPr"  „„„„ 

with  (io»  ,  -io» ,fi5° ,  Jo °  lay-up  SITES 


Plrte  No 
4  Treat. 


Sp .  No . 


P50-222 

E 


TO-1 

TO-2 

TO-3 

TO-4 

T90-1 

T90-2 

CO-1 
CO -2 
CO-3 

CO-5 

CO-5 

C90-1 

C90-2 

C90-3 

C90-4 


.0525 

.0518 

•0519 

.0519 

.0532 

.0523 

.0524 

.0524 

.0530 

•0532 

.0530 

.0530 

.0528 

.0529 

.0528 


l 

E 

non 

P  ♦. 

«fca 

V 

0 

c 

9.4 

9.8 

9.9 
10.1 

24.2 

24.1 

24.0 

23.7 

24.1 

1.03 

65 

65 

64 

71 

0.25 

m»  u*  m 

9.7 

10.0 

0.94 

0.95 

— 

•  ■w 

9.1 

9.4 

9.5 
9.5 
9.7 

23.4 

24.2 

24.8 

25.6 

25.1 

25.2 

1.16 

71 

66 

67 

77 

— 

10.0 

10.1 

10.2 
10.3 

0.97 

0.99 

1.01 

1.02 

1.01 

0.029 

25 

26 

22 

—  —  a. 

Notes 


DIM 

DIM 


Pc-i  .0527 
PC-2  .0526 


70.75  62.1 
69.03  60.4 


Sp.  No.  t/t 


|.l  Left  side 

*■•0  Center 


SBS 


S0-1 

50-2 

SO-3 

SO-4 

SO-5 

SO-6 

Avg. 


5.0 

5.0 

M 

5.0 

5.0 

4.9 

5.0 


6.20 

6.64 

6.22 

6.36 

6.53 

6.17 

6.35 


—  T,bl<  f0r  e*Planatlon  Of  symbols  and  units 


For  each  lay-up  (plates  P50-220,  221,  and  222),  the 
tensile  and  compressive  strengths  in  the  zero-degree  direction 
were  essentially  equal;  thus,  the  desired  balance  between  tensile 
and  compressive  properties  was  achieved  for  flat  panels.  Compared 
with.'  the  present  panels,  the  earlier  panels  (with  fiber  Treatment  B) 
had  higher  shear  strength  and  lower  tensile  strengths  for  both  the 
unidirectional  and  the  angle-ply  configurations.  The  compressive 
strengths  for  fibers  with  Treatments  B  and  E  were  approximately 
equal,  contrary  to  the  expectation  that  the  compressive  strength 
would  increase  with  increasing  shear  strength  (i.e.,  with  better 
fiber-matrix  bonding) .  Both  fiber  treatments  increased  the  compres¬ 
sive  strength  of  free-standir.g  stringers  by  40  percent  or  more  com¬ 
pared  with  the  strength  of  scringers  made  with  untreated  fibers. 

The  measured  skin  and  stringer  properties  strongly 
support  properties  predicted  previously  at  Bell  Aerosystems  for 
use  in  their  preliminary  shell  stress  analysis  (see  Section  III  B) 
The  predicted  skin  and  stringer  strengths,  given  in  Table  II, 
were  based  on  unidirectional  laminate  properties  which  were  essen¬ 
tially  those  for  plate  P50-211  made  with  Treatment  C  fibers.  The 
measured  and  predicted  skin  and  stringer  strengths  are  in  reasonable 
agreement,  except,  perhaps,  for  a  somewhat  higher  measured  stringer 
compressive  strength  than  that  predicted.  As  expected,  measured 
and  predicted  elastic  properties  agree  within  a  few  percent  if 
the  differences  in  fiber  properties  and  resin  content  are  taken 
into  account, 

D.  Tests  of  Stringers 

(I.  Mack ay ,  Dr,  D.  G.  Proctor,  and  Dr.  G.  B.  Spence, 

Union  Carbide) 

The  thirty— one  stringers  for  the  fuselage  component  were 
selected  from  a  total  of  for^y-five  stringers  on  the  basis  of 
various  quality  control  tests.  In  addition,  the  arrangement  of 
the  thirty-one  stringers  around  the  fuselage  shell  was  governed 
by  the  stringer  properties.  The  test  methods  and  results  for  all 
forty-five  stringers  are  discussed  in  Section  IV  D-l.  The  criteria 
for  selecting  and  arranging  the  thirty-one  stringers  and  a  summary 
of  their  properties  are  given  in  Section  IV  D-2. 

1.  Properties  of  Forty-Five  Stringers 


Each  stringer  was  originally  over  50  inches  long.  A 
stringer  coupon  approximately  two  inches  long  was  cut  from  each 
end  and  tested  in  compression  by  the  test  procedure  described  in 
Section  IX  F-2  of  the  Third  Annual  Report. (3)  Also,  a  specimen  for 
fiber  volume  content  *  as  cut  from  one  end.  The  central  section 
was  trimmed  to  a  length  of  43.92  inches. 


-53- 


The  stringer  properties  are  listed  in  Table  XII.  The 
first  column  of  this  table  g^ves  the  stringer  number  that  was 
assigned  sequentially  as  the  stringers  were  made.  If  the  strinaer 
was  used  in  the  fuselage  component,  the  stringer  location,  as  9 

Th?rH  m  fuselage  component  drawing  in  Figure  149(a)  in  the 
Third  Annual  Report,  is  also  listed  in  the  first  column.  The 
second  column  lists  the  specimen  number:  CO-1  and  CO-2  denote  the 

the  cen?ralS44eincrnfh  couPons  *nd  the  three-digit  number  denotes 
the  central  44-inch  stringer  section.  The  density  p  was  determined 

from  the  ratio  of  the  mass  to  the  volume;  the  volume  was  measured 
by  water  immersion.  The  average  cross-sectional  area  A  was  calcu¬ 
lated  from  the  specimen  volume  divided  by  the  specimen  length 
The  average  ply  thickness  E  was  obtained  by  dividing  the  c?oss- 
sectional  area  A  by  4  x  1.951,  where  4  is  the  number  of  plies 
and  1.951  inch  i.  the  perimeter  length  of  the  stringer.  The  sixth 
column  lists  the  sonic  Young's  modulus  E  calculated  from  the 

longitudinal  resonant  vibration  of  the  4?-inch  long  stringer;  and 
the  next  column  lists  the  AEson  product. 

The  eighth  and  ninth  columns  give  the  compressive  strenath 

?ureS-trafh:t0'denSitY.rat^°  f°r  each  “UP°n-  ThePultimIte  fracl 

formula  compression  (tenth  column)  was  calculated  from  the 


e  =  o/E  =  P/AE, 


(IV  D-l) 


re  P  is  the  ultimate  load.  Two  assumptions  were  made.  First 
since  previous  work  had  shown  that  the  stress-strain  curve  for 

S  rT’S9urS  ls  nearly  linear ,  it  was  assumed  that  the  sonic  modulus 
could  be  used  m  place  of  the  secant  modulus  at  failure  Also 
previous  work  had  shown  that  the  AE  product  varies  much ‘less  ' 
a  ong  the  length  of  a  stringer  than  does  either  A  or  E  individ¬ 
ually.  Therefore,  the  second  assumption  was  made  that  (AE  ) 

ariisLr^co“™dse:en?PlaCed  *  <AEs°n)  f°r  the  “-inc^gtringer , 


.  Th<!  last  two  columns  in  Table  XII  give  a r  estimated 
compressive  fracture  strain  and  specific  strength  i.  the  44-inch 
ong  stringer.  The  estimates  were  obtained  in  the  following  way. 
Ihe  cross  sectional  areas  of  the  two  coupons  cut  from  the  ends 
o  a  stringer  were  often  significantly  larger  than  the  cross- 
sectional  area  of  the  middle  44-inch  long  part.  Also,  the  compres¬ 
sive  strength  and  fracture  strain  tended  to  decrease  with  decreas¬ 
ing  cross  sectional  area.  The  average  trend  of  fracture  strain 
versus  cross-sectional  area  was  used’ to  reduce  the  average  fracture 
strains  of  each  pair  of  coupons  by  an  amount  proportional  to  the 
difference  between  the  cross-sectional  area  of  the  coupons  and  that 

44  inch  part*  The  estimated  specific  strength  was 
calculated  from  the  estimated  fracture  strains  and  the  measured 
Young  s  modulus  and  density  of  the  middle  44-inch  long  stringer  part 
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STRINGER  PROPERTIES 
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TABLE  XII  (Cont'd.) 
STRINGER  PROPERTIES 
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TABLE  XII  (Cont’d.) 
STRINGER  PROPERTIES 
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TABLE  XII  (Cont'd.) 
STRINGER  PROPERTIES 
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TheesiLimated  numbers  are  probably  still  slightly  high  due  to  the  use 
of  uhe  average  cross-sectional  area  rather  than  the  minimum  cross- 
sectional  area?  however,  this  error  is  thought  to  be  less  than  five 


.....  Through  an  oversight,  the  fiber  content  samples  were 
submitted  for  HNO3  digestion  before  their  density  was  obtained. 
The  use  of  an  estimated  density  causes  an  uncertainty  of  approxi- 

Tah?^y ytTt  K*e;-ua  typical  value  is  Vf  =  50  ±  2  percent, 

able  XIII  lists  the  fiber  volume  contents  of  a  coupon  cut  from 

each  of  the  forty-five  stringers.  Because  of  the  variation  in 
cross  sectional  area,  the  fiber  volume  content  of  t.ie  44-inch 
long  stringer  will  probably  be,  in  many  cases,  a  few  percentage 
points  higher  than  that  of  the  coupon. 


TABLE  XIII 

FIBER  VOLUME  CONTENT  OF  STRINGERS 


Fiber  Fiber  Fiber 

Stringer  Volume  Stringer  Volume  Stringer  Volume 

Number  (percent)  Number  (percent)  Number  (percent) 


H50-216 

43 

H50-232 

48 

H50-247 

50 

-218 

36 

-233 

48 

-248 

55 

-219 

46 

-234 

47 

-249 

53 

-220 

38 

-235 

52 

-250 

53 

-221 

40 

-236 

54 

-251 

55 

-222 

44 

-237 

51 

-252 

49 

-223 

-224 

44 

48 

-238 

-239 

52 

51 

-253 

-254 

51 

57 

-225 

44 

-240 

45 

-255 

44 

-226 

49 

-24l 

53 

-256 

55 

-227 

52 

-242 

50 

-257 

55 

-228 

55 

-243 

56 

-258 

55 

-229 

50 

-244 

55 

-259 

50 

-230 

53 

-245 

57 

-260 

55 

-231 

51 

-246 

58 

-261 

52 

2 •  Selection  of  Stringers  for  the  Fuselage  Component 

Several  factors  were  taken  into  consideration  in  selecting 
the  set  of  thirty-one  stringers  from  the  original  set  of  forty-five 
stringers.  Ono  criterion  was  a  large  fracture  strain.  Therefore, 
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the  stringer  data  were  arranged  according  to  decreasing  estimated 
compressive  fracture  strains.  The  resulting  sequence  is  that  used 
in  Table  XII.  Stringers  with  excessively  high  (over  1.70  x  106  lb) 
or  excessively  low  (under  1.40  x  10 6  lb)  AE  products  were  eliminated 
in  order  to  achieve  AE  values  as  uniform  as  possible.  Additional 
and  sometimes  conflicting  requirements  included  large  values  of 
compressive  specific  strength,  large  cross-sectional  area,  uniform 
wall  thickness,  and  high  fiber  tensile  strength. 

The  stringers  to  be  subjected  to  high  tension  and  compres¬ 
sion  stresses  in  the  final  ultimate  strength  test  of  the  component 
were  specially  chosen.  This  procedure  was  justified  on  the  basis 
that,  with  more  fabrication  experience,  the  average  properties  of 
stringers  made  in  the  future  will  equal  or  excel  the  best  proper¬ 
ties  of  tne  present  set  of  stringers.  The  stringers  in  the  top 
quadrant  of  the  component  will  be  subjected  to  the  greatest  com¬ 
pressive  stresses.  These  eight  stringers  were  selected  first  from 
the  set  of  thirty-one  stringers  on  the  basis  of  high  compressive 
fracture  strain,  high  compressive  specific  strength,  and  large  and 
uniform  cross-sectional  area.  The  stringers  in  the  bottom  quadrant 
of  the  component  will  be  subjected  to  the  highest  tensile  stresses. 
These  seven  stringers  were  selected  next  on  the  basis  of  high 
fiber  tensile  strength  and  large  and  uniform  cross-sectional  area. 

The  remaining  sixteen  stringers  were  placed  in  the  left  and  right 
quadrants.  Within  each  quadrant,  the  stringers  were  arranged  to 
balance,  to  the  extent  possible,  the  AE  products. 

The  properties  of  the  thirty-one  stringers  selected  for 
the  fuselage  component  are  summarized  in  Table  XIV  in  the  sequence 
in  which  the  stringers  were  placed  around  the  component.  Stringer 
Position  1  is  at  the  bottom  of  the  cylinder  and  will  be  subjected 
to  the  largest  tensile  stress  during  the  final  test  of  the  compo¬ 
nent.  Stringers  16  and  17  are  at  the  top  of  the  component  and  will 
be  subjected  to  the  largest  compressive  stress  during  the  final 
test.  In  addition  to  the  data  reported,  wall  thickness  measurements 
were  made  at  seven  points  around  the  stringer  perimeter  and  at  five 
stations  along  the  stringer  length  of  the  stringers  in  the  top  and 
bottom  quadrants  to  check  on  wall  thickness  uniformity. 

The  average  coupon  compressive  strength  of  the  six 
stringers  which  will  be  located  in  the  highest  compressive  stress 
field  during  the  final  test  of  the  component  (Positions  14  through 
19)  is  49,900  psi.  This  value  is  10  percent  higher  than  the  stringer 
ultimate  strength  of  45,000  psi  achieved  in  the  test  of  the  end- 
attachment  compression  panel  (Table  VII) .  The  average  fiber  tensile 
strength  of  the  seven  stringers  which  will  be  located  in  the  highest 
tensile  stress  field  is  lower  than  the  tensile  strength  of  the 
fibers  used  in  the  end- attachment  tension  panel.  These  results, 
together  with  the  fact  that  the  tensile  end-attachment  panel  failed 
at  a  lower  load  than  that  for  the  compression  panel  and  the  fact 
that  the  tensile  strength  was  less  than  the  compressive  strength 
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of  coupons  from  the  (10° 
that  the  fuselage 
and  50,000  psi  in 


-10% -10°  ,10°) 


s (.ringer  strengths 
tension  and 


panel  (see  Table  XI) ,  suggest 
will  be  approximately  45,000 


—  in  tension  and  compression,  resoectivnl,, 

P-^icted  stringer  aflowables  giv^  inl^ie  iTTll 


be  reduced  in  future 


shell  stress  analyses. 
TABLE  XIV 


SUMMARY  OF  STRINGER  PROPERTIES 
FOR  FUSELAGE  COMPONENT 
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6.56 

9 

10 

11 

12 

-241 

-242 

-231 

-260 

.20 

.19 

.19 

.17 

.80 

.76 

.76 

.71 

1.46 

1.47 
1.49 
1.57 

8.7 

9.1 
9.0 

9.2 

21.3 

20.8 

21.1 

21.8 

45.4 
45.2 
41.7 

41.4 

168 

177 

177 

193 

6.96 

6.35 

6.58 

5.60 

Top  Quadrant 

13 

14 

15 

16 

-244 

-229 

-219 

-232 

.24 

.24 

.27 

.26 

.93 

.94 

1.00 

.98 

1.45 

1.55 

1.63 

1.43 

9.2 

y.7 

10.5 

9.4 

20.2 

20.5 

19.8 

19.5 

47.9 

47.6 

52.2 

52.4 

173 

177 

170 

186 

6.55 

6.56 
6.51 
5.74 

17 

18 

19 

20 

-216 

-224 

-221 

-240 

.28 

.26 

.27 

.25 

1.02 
•  96 
.94 
.95 

1.60 

1.52 

1.63 

1.45 

10.6 

10.1 

11.4 

9.4 

19.3 

19.2 

18.3 
19.7 

52.4 

48.8 

46.2 

52.0 

169 

176 

170 
168 

6.33 

6.50 

6.51 
6.96 

Right  Quadrant 

21 

22 

23 

24 

-238 

-261 

-227 

-228 

.25 

.18 

.22 

.23 

.98 

.70 

.88 

.88 

1.46 

1.51 

1.49 

1.44 

9.2 

9.5 

9.0 

9.1 

20.3 

20.5 

21.2 

20.3 

53.3 

41.4 

50.9 

47.6 

186 

193 

177 

177 

5.74 

5.60 

6.44 

6.47 

25 

26 

27 

28 

-245 

-246 

-243 

-239 

.19 

.20 

.22 

.19 

.76 

.80 

.90 

.78 

1.51 

1.44 

1.53 

1.47 

9.1 

8.7 

9.1 

8.7 

21.3 

21.1 

21.5 

21.5 

42.4 

43.6 

46.6 
44.2 

171 

199 

170 

186 

6.69 

5.68 

6.77 

5.74 

Sea  TabXe  vili  for 

explanation 

of  symbols  and 

units . 
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E.  Tests  of  Treated  Graphite  Fibers 

( I .  Mack ay,  Dr.  D.  G.  Proctor,  and  Dr.  G.  B.  Spence, 

Union  Carbide) 

Two  quality  control  tests  were  used  to  evaluate  the 
treated  yarn  for  the  test  panels  and  fuselage  component.  The  tests 
were  the  strand  test  for  fiber  tensile  strength  and  modulus  and 
the  torsion  rod  test  for  composite  shear  strength.  The  test  methods 
are  described  in  Section  IV  E-l.  The  fiber  properties  are  listed 
in  Section  IV  E-2  and  discussed  in  Section  IV  E-3. 

1.  Test  Methods 


The  tensile  strength  and  modulus  of  the  treated  "Thornel"  50 
fibers  were  determined  from  a  strand  test  with  a  9.2  inch  gauge 
length.  Each  yarn  evaluation  consisted. of  testing  five  individual 
strands  which  had  been  impregnated  with  ERL  2256/MPDA  epoxy  resin 
and  cured.  In  conjunction  with  the  strand  test,  the  fiber  density 
and  cross-sectional  area  were  also  measured. 

The  torsion  rod  test  was  selected  in  order  to  provide 
a  test  that  would  always  give  a  shear  failure.  For  each  yarn 
evaluation,  one  composite  rod  approximately  0.15  inch  in  diameter 
and  5  inches  long  was  fabricated  with  resin  system  ERL  2256/MPDA. 

The  fiber  content  of  the  rods  was  not  measured,  but  the  number 
of  yarns  per  rod  was  chosen  to  give  a  nominal  fiber  volume  of 
50  oercent.  The  composite  Young's  modulus  was  obtained  from  the 
longitudinal  resonant  frequency  of  the  5-inch  rod.  The  rod  was 
then  cut  in  half,  and  each  half  tested  separately  in  static  torsion 
to  obtain  two  values  of  the  composite  shear  strength. 

A  more  extensive  discussion  of  the  strand  and  torsion 
tests  is  given  in  Sections  V  A  and  V  B  of  the  Third  Annual  Report. 
Detailed  test  procedures  are  given  in  Reference  5. 

2 .  Summary  of  Yarn  Properties 

The  "Thornel"  50  graphite  yarn  was  treated  in  one-half 
pound  (nominal)  lots.  One  strand,  torsion,  and  density  evalu¬ 
ation  was  made  at  the  beginning  of  each  lot  and,  also,  at  the 
end  of  each  lot.  Thus,  for  each  lot  of  yarn,  the  following  data 
were  obtained:  ten  individual  values  each  of  strand  tensile 
strength  and  Young's  modulus,  four  individual  values  of  composite 
torsional  shear  strength,  and  two  individual  values  each  of  com¬ 
posite  Young's  modulus  and  fiber  density. 

The  plates,  stringers,  and  fuselage  skin  were  each  made 
from  several  lots  of  yarn,  usually  from  six  lots.  For  each  yarn 
property,  five  statistical  parameters  were  calculated  to  characterize 
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the  average  value  for  all  lots  of  v=,y«  ^ 

give  two  different  measures  of  the'  SDre,2  ^\?°mposite  and  to 
five  parameters  are:  n  p  ead  of  the  values.  The 

•  f )  Avg .  of  Yarn  Mayc  -  +.u~ 

individual  valui"  measured  orTeacTi'  lot  of^yarn?6  °f  th®  largest 
value  for  iach  ^‘o^yarn;  AVq*  L  '  ^  largest  of  the  average 

f°r  effh  lot  ° f ""yarn ,  equal  to?ttie  averag^of ^  1  ^  ■ the  average  value 
for  all  lots  of  yarn  in  the  composite?5  f  311  lndividual  values 

value  for  each  lot  * of  fyarn7“i?fd^  ~  ^  smallest  of  the  average 

individual  °f  ""  sw,11“t 

properties  Tis  ' 3  "Thornel"  50  yarn 

is  the  same  as  that  used  elsewhere ^  i  table'  the  nomenclature 
P50-211"  denotes  pla?"  „SmbS  21?  “  5ep°rt;  for  sample, 

"H50-212"  denotes  hat4ha^d  string  "Thornel"  50  and 

The  stringers  used  to  stiffen  flat-9™  n™ber  212  made  with  "Thornel" 
fuselage  component  are  lifted  Lcfentiallv*"  !f°Se  USed  for  ^ 
they  were  fabricated.  The  table^oncludfj  ^n^5he,  order  in  which 
the  yarn  used  in  the  fuselage  component  fki"  0,0  ProPetties  of 

f i f ty-seven^lot s"of Syarnf tSThe "aver aae"  Table  W  were  ™d*  from 

Of  tne  individual  lot  yarn  averaqL)  P£°Perties  (the  average 

given  in  Table  XVI;  stLdard*  UTztl onTar^affilfteT  l0tS  “» 

3*  Pis cuss ion  of  Yarn  Properties 

a.  All  Lots  of  Treated  Yarn 

treated  "TfoLe^^irya^f^rel^o^os311,10^  °f  ^-imentally- 

termined  by  a  strand  tensile  test  ^  pS1, (sef  TaLle  XVI) -  as  de- 
the  yarn  has  a  lower  modulus  than  th-t  „  does  not  mean  that 

because  the  modulus  of  "Thornel"  50  v9rnP^C1*led- f°r  "Thornel'i  50 
of  a  single-filament  test. ^  Compare t^f^ ^certified  on  the  basis 
indicated  that  the  modulus  determined  hv^^5^  Uni°n  Carbid®  has 
approximately  7.5  x  10 6  psi  hiS  f ^gle-filament  test  is 

test  used  m  this  program.  Thus  the  3,rthat  determined  by  the  strand 
used  m  this  program  would  hS^be^V  m°dulus  °f  the  yarn 

measured  by  a  single-fi lament  test  V approximatelY  51.3  x  10 6  psi  if 
average  for  "Thornel"  50.  The  averaae  c-i-Ue  allghtlY  higher  than  the 

the  yarn  used  in  this  program^l^OOo'psT  tTlt  °f 

'  ana  the  composite 


50 
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shear  strength  is  6,100  psi.  Since  the  void  content  of  the  torsion 
rods  was  several  percent,  the  true  composite  shear  strength  is 
probably  several  hundred  psi  higher  than  6,100  psi. 

TABLE  XV 

SUMMARY  OF  EXPERIMENTALLY  TREATED  "THORNEL"  50 
YARN  PROPERTIES  FOR  EACH  COMPOSITE  PART 


Composite  Part 

Strength 
(103  psi) 
Strand  Composite 
Tensile  Torsion 

Young’s 
Modulus 
(106  psi) 

Comp . 
Strand  Rod 

Yarn 

Density 

(g/crn*) 

USLL>  IN 

MbO 

~rill  * 

bib 

> 

< 

• 

1)1- 

Y  ANN 

M  A  X  b  • 

b  3  1  . 

7  .  idO 

4  b  .  O 

b  1.6 

MAX. 

UK 

Y  ANN 

A  V  G  b  • 

bm>  • 

7  •  bd 

4  b.  7 

bid  .  0 

• 

w» 

> 

< 

UK 

YANN 

A  V  G  S  . 

d  O  S  n 

o  •  i' d 

4  id  »  4 

d  1  •  d 

1 .64 

MIN. 

UK 

Y  ANN 

AVGb. 

1  49  . 

b  .9  f 

4  1  .  id 

id  \  .7 

AVG. 

UK 

YANN 

M  INS. 

1  76. 

o  .  -PI 

4  1  •  b 

b  1 .6 

USKD  IN 

PbO 

-bbO 

AVG  . 

UK 

YANN 

M  A  X  S  « 

b  b  4  . 

G  •  4  7 

4  7  .  O 

bb.  o 

MAX  • 

.UK 

YANN 

AVGb. 

X  id  9  • 

6.  bo 

4  9.1 

b  4 . 0 

AVG. 

UK 

YARN 

AVGb. 

1  b  4  . 

b  .  S'  b 

4  b  •  b 

bb .  7 

1 . 66 

MIN. 

UK 

YANN 

A  V  G  S  . 

1  17. 

b  .  b  9 

4  id  •  6 

bb .  b 

AVG. 

UK 

YANN 

M  INS. 

1  4  id. 

b.  40 

4b.  9 

bb .  b 

USfcD  IN 

PSO 

-bb  \  t 

bbb  KUR 

lb  UtGRul: 

PL  I  LJ: 

AVG. 

UK 

Yarn 

M  A  X  S  . 

bbd  • 

b.  04 

4  6  •  b 

bb  .  0 

MAX. 

UK 

YARN 

AVGb. 

id  60  . 

0.40 

4  6  •  O 

b  4  •  0 

AVG. 

UK 

YARN 

Xy  (.3  • 

1  ^d» 

b.  4b 

4  b  •  4 

bb  •  7 

1 .66 

MIN. 

UK 

YARN 

AV\ia. 

1  64. 

b  •  64 

Aid  .  o 

bb .  o 

AVG. 

UK 

YARN 

M  INS  *\ 

1  Sb. 

b.  1  1 

4  b  .  9 

bb  •  4 

USLU  IN 

PbC 

>-bb  1  % 

\ 

bbb  t~UR 

,  90  UKGNLL 

PL  I  L-.S 

AVG. 

UK 

YANN 

M  A  X  S  . 

\  b  1  9  • 

o.J7 

44  .  id 

bb  .4 

MAX. 

UK 

YARN 

AVGb. 

\  idcdO  • 

b  .  bo 

44  •  b 

bb.O 

AVG. 

UK 

YARN 

AVGb. 

\  1  7  6  • 

b  .  6b 

4  id  .  1 

bb  •  l 

1.61 

MIN. 

UK 

YAR  N 

AVGb  • 

\  1  id  4  . 

b  .  4  4 

37  •  K 

bi  .b 

AVG. 

UK 

YARN 

1'  1  INS. 

}  bb  • 

4 .61 

by  .b 

bl  .7 

Continued 
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TABLE  XV  (CONTINUED) 


Young’s 

Strength  Modulus 

(10s  psi)  (10*  psi) 

Strand  Composite  Comp . 

Composite  Part  Tensile  Torsion  Strand  Rod 


USi  1) 

IN 

NSO-3^3 

m 

w 

> 

< 

UF 

Y  ANN 

MAXS. 

3  4U  • 

b  .  69 

4  7.4 

33.3 

MAX  • 

UF 

Y  ANN 

A  VGS  • 

3o0  • 

6  •  4  0 

46 .6 

34.0 

AV(,. 

i  JF 

YAH  N 

AVGb  . 

300  • 

b.  22 

46.4 

33.9 

M  IN* 

UF 

Y  ANN 

A  V  G  S  • 

1  64. 

3 . 64 

44.0 

■  c.  -  3 

AV(j* 

UF 

Y  ANN 

M  INS. 

1  60  • 

4  •  63 

44.6 

33*6 

USH) 

IN 

Mb  0-3  1  3  i 

,3  13*31 4 

,  *  1  b 

AVG. 

UF 

yann 

M  A  X  S  • 

3  3  1  • 

7*30 

43.1) 

31  .8 

MAX  • 

IJF 

YANN 

A  V  G  S  . 

368  • 

7 .  b ; 

43.7 

33.0 

AVG. 

UF 

YANN 

A  V  G  b  • 

3  08  • 

6  •  fa 

43.4 

31.8 

M  I  N  . 

CJF 

YANN 

AVG  b. 

1  A  V  • 

b.  9  7 

4  1.3 

31  .7 

AVG. 

1  IF 

YANN 

M  1  N  S  • 

1  76. 

6 .  3  4 

41  .b 

31.8 

UStU 

IN 

Mb  0 

— 3  1  6 

AVG. 

UF 

YANN 

MAXS. 

307. 

6  »  6b 

46.0 

#4.0 

MAX. 

UF 

YANN 

AVGb. 

17a. 

7.30 

4  6.4 

3b. 3 

AVG. 

(JF 

YANN 

A V GS  . 

1  6  V  . 

6.  33 

4  4  •  6 

33.6 

M  I  N  • 

UF 

YANN 

AVGb. 

1  60  • 

b  .  4«+ 

41.7 

33.6 

AVG. 

UF 

YANN 

MINS. 

134. 

b  .  o9 

43.3 

33.1 

US  LO 

IN 

Fib  0 

-  3  1  8  , 

310.330 

»  33  1  *  333 

»  33  3 

AVG, 

UF 

YANN 

MAXS. 

20b  » 

7.10 

4  7.3 

34.0 

MAX. 

UF 

YANN 

AVGS. 

178. 

7.3  0 

46.4 

3b  .  3 

AVG. 

UF 

YANN 

AVGS. 

1  70  • 

6  •  b  1 

4  S.4 

33. b 

M  I N  • 

UF 

YARN 

AVGb. 

1  60  • 

b  .  7  6 

43.9 

33.6 

AVG. 

UF 

YANN 

MINS. 

1  33. 

b.  76 

43.6 

33. 1 

Continued 


Yarn 

Density 

(g/cm*) 


1  •  fob 


1  .  t>4 


1  .6b 


1  •  bb 
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TABLE  XV  (CONTINUED) 


Young's 


Composite  Part 

Strength 
(10*  psi) 
Strand  Composite 
Tensile  Torsion 

Modulus 
(10*  psi) 

Comp . 
Strand  Rod 

Yarn 

Density 

(g/cm*) 

US  hi;  IN 

HbO-224 ♦ 

22b 

AVCi. 

UE  YARN 

MAXS. 

218. 

7.24 

46.0 

24.1 

IviAX  o 

OE  YARN 

AVGS. 

2  0  o. 

7  •  20 

4  H  •  4 

2b  .  2 

AVG. 

UE  YARN 

AVGS. 

17b. 

b.  bO 

44  •  6 

23  .  b 

1.6b 

MIN* 

UE  YARN 

AVGS. 

1  60  • 

b  •  90 

40.6 

21.7 

AVG. 

OE  YARN 

MINS. 

131. 

b.  71 

42.  b 

22.9 

USED  IN 

HbO-226  « 

227 

AVG. 

OF  YARN 

MAXS. 

221  • 

7.2  7 

46.7 

24.2 

MAX. 

OE  YARN 

AVGS. 

20b. 

7.20 

48.4 

2  4  •  b 

I 

AVG. 

UE  Y  ARN 

AVGS. 

177. 

6.44 

4b  .  3 

23.7 

1 . 68 

MIN. 

OE  YARN 

AVGS. 

160. 

b.90 

40.8 

21.7 

1 

AVG. 

UF  YARN 

MINS. 

133. 

b.  6b 

43.2 

23.2 

i 

USED  IN 

H60-228 

1 

i 

AVG. 

UE  YARN 

MAXS. 

2  1  ti  . 

7.23 

46.  1 

24.1 

r 

MAX. 

OE  YARN 

AVGS. 

20b. 

7.20 

46.6 

2  4.  b 

i 

AVG. 

OF  YARN 

AVGS. 

177. 

6.47 

44.7 

23.6 

1  .67 

MIN. 

OE  Y ARN 

AVGS. 

1  60  • 

6.90 

40.8 

2  1.7 

AVG. 

OP  YARN 

MINS. 

131  • 

‘•8b 

42.4 

23.0 

USED  IN 

HSQ-229 i 

,230 

AVG. 

OE  YARN 

MAXS. 

214. 

7.29 

46.4 

24.4 

MAX. 

UE  YARN 

A V GS  . 

20b. 

7.20 

46.8 

2b. 4 

1 

AVG. 

OF  YARN 

AVGb. 

177. 

6  •  bb 

4b  •  0 

23.9 

1 . 68 

MIN. 

OE  YARN 

AVGS. 

160. 

b  .  9  9 

40.8 

21 .7 

AVG. 

OE  YARN 

MINS. 

135* 

b*  96 

42.9 

23.4 

Continued 
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TABLE  XV  (CONTINUED) 


Young's 

Strength  Modulus 

(10*  psl) _ (10*  DBl) 

Strand Composite  Comp . 

Composite  Part  Tensile  Torsion  Strand  Hod 


US  bl)  IN 

H50-231 

A  VG  • 

Ub  YARN 

MAXS. 

2  14. 

7.31 

46.0 

24.3 

MAX. 

UP  YARN 

A  VGS  • 

20b. 

7.20 

46.8 

25.4 

AVG. 

Ub  YARN 

A  VGS  . 

177. 

6  •  56 

44.7 

23.8 

MIN. 

Ub  YARN 

A  VGS  • 

1  60  • 

5.90 

40.8 

21.7 

AVG. 

Ub  YARN 

MINS. 

1  34. 

b.  93 

42.9 

23.3 

USfcO  IN 

H50-232 

*  2  33  t 2  34  * 

2  35 *  236 t 

237 . 238* 

239 

AVG. 

Ub  YARN 

MAXS. 

210. 

6.27 

46.0 

23.0 

MAX. 

Ub  YARN 

AVGS. 

190. 

6.08 

46.6 

22.8 

AVG. 

Ub  YARN 

A  VGS  • 

166. 

b  •  74 

42.9 

22.6 

min. 

Ub  YARN 

AVGS. 

176. 

5.  58 

41.4 

22.4 

AVG. 

CJF  YARN 

MINS. 

1  56  . 

5.  40 

39.0 

22  o  2 

USED  IN 

H50-240, 

.241 

AVG. 

Ob  YARN 

MAXS. 

20b. 

7.4b 

45.3 

2  3.3 

MAX. 

Ub  YARN 

AVGS. 

1  78. 

8.98 

46 . 6 

24.4 

AVG. 

Ob  YARN 

AVGS. 

166  • 

6.  9b 

43.6 

23.0 

MIN. 

Ob  YARN 

AVGS. 

163. 

5  •  44 

41  .2 

20.8 

AVG. 

Ub  YARN 

MINS. 

1  37. 

6.59 

41.7 

22.7 

USED  IN 

H50-242 

AVG. 

Ob  YARN 

MAXS. 

207. 

6  .  86 

45.6 

2s  .  1 

MAX. 

Ob  YARN 

AVGS. 

190. 

8.98 

46  o  6 

24.4 

AVG. 

Ob  YARN 

AVGS. 

77. 

6.3b 

43.3 

22.8 

MIN. 

Ob  YARN 

AVGS. 

1  63. 

5.44 

41.2 

2  0.8 

AVG. 

Ob  YARN 

MINS. 

1  43  • 

5.  99 

40.4 

22.5 

Yarn 

Density 

(g/cm1) 


1  .67 


1.6b 


1  .66 


1 . 66 


Continued 
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TABLE 


XV  (CONTINUED) 


Young’s 


Strength  Modulus 

( 10*  pal)  (10*  psl)  Yarn 


Strand  ~ 

Composite 

Comp . 

Density 

Composite  Part 

Tensile 

Torsion 

Strand 

Rod 

(g/cm* ) 

USbl)  IN 
AV(i« 

Mb 0-24 3 
lib  YARN 

MAXS. 

1  99  • 

7.14 

4  b  •  7 

22.4 

MAX  • 

()b  YARN 

AVG  S  . 

1  84  • 

H  •  98 

44.9 

2b  .8 

1  .64 

AVG. 

Ob  YARN 

A  V  G  b  • 

170. 

6  •  7  7 

4  1.7 

22.0 

MIN# 

Ub  YARN 

A  V  G  b  • 

1  6b. 

b.  44 

b  9  •  6 

2  0.8 

A  VG  » 

OF  YARN 

M  I.  N  b  • 

141. 

6. 4b 

39.7 

2  1*6 

USfcU  IN 

Hb 0—244 

4b  .  0 

21.8 

AVG. 

Ob  YARN 

M  A  X  b  » 

20  1  • 

6.9  1 

MAX  • 

OF  YARN 

A  V  G  b  • 

18  4. 

6 . 96 

42.6 

22.0 

1 .60 

AVG. 

OF  YARN 

A  VGb  • 

17b. 

b  .  bb 

4  1.0 

2  1  .  b 

MIN# 

UF  YARN 

AVGb. 

1  6b  . 

b.  1  2 

b9.b 

20.8 

AVG. 

Ub  YARN 

M  I  N  b  • 

1  44. 

b.  2 b 

b8.8 

20.9 

UStl)  IN 

HbO— 24b 

22.1 

AVG. 

Ob  YARN 

MAXb. 

200  • 

7.0b 

4b.  4 

MAX. 

Ub  YARN 

AVGb. 

184. 

6 . 98 

44.9 

2  b  •  8 

1  .62 

AVG. 

Ub  YARN 

AVGb. 

171  . 

b  .  6  9 

4  1.4 

21./ 

MIN. 

UF  YARN 

AVGb. 

16b. 

b.  44 

b9 .6 

2  0.8 

AVG. 

OF  YARN 

M  I  N  b  • 

1  42. 

b  .  bb 

b  9  •  4 

2  1  .b 

USkD  IN 

HbO-246 

,  247  »  248  »  249  »  2b0 

.  2bl  . 2b2 

2b. 0 

AVG. 

OF  YARN 

MAXb. 

2  4  6. 

b.  2b 

4b.  b 

MAX. 

UF  YARN 

AVGb. 

229. 

b  *  8  b 

47.2 

24.0 

1  •  bb 

AVG. 

OF  YARN 

AVGS. 

1  99  • 

b  .  68 

44.2 

22  #b 

MIN. 

OF  YARN 

AVGb. 

18  6. 

b.  b9 

40.4 

21.4 

AVG. 

OF  YARN 

MINS. 

147. 

b.  1  2 

42.8 

21.7 

Continued 
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TABLE  XV  (CONTINUED) 


Composite  Part 

US  l;I;  I  n  HbO—263 

AVG*  Uh  yA RN  MAXS. 

^X*  YARN  AVGS. 
avg.  of  yapn  avgs. 

MIN.  UP  YARN  AVGS. 

AVG.  up  YARN  MINS. 

USBD  IN  H60-264 

AVG.  UP  yarn  maxs. 

MAX.  UP  YARN  AVGS. 
avg.  UP  YARN  avgs. 
min.  up  yarn  avgs. 


Modulus 

Z^Pand  I'omposlE?  — (1°*  - 

Tensile  Torsion  strand  gpg‘ 

22  A  .  is./i'j 


229 , 

iyo< 

1  70. 


iyj. 

102. 

170. 


avg.  of  yarn  mins.  lb9# 

AVpN  Mb0'":d5b,iibfo,i:b7*2bP,iP 
AVG.  UP  YARN  MAXS.  ^31.’ 


MAX.  UP  YARN  AVGS. 
avg.  OP  YARN  AVGS. 
Min.  of  yarn  avgs. 

avg.  op  yarn  MINS. 

USPO  IN  Hb0-262.263.264 
avg.  f<p  Yarn  maxs. 

max.  op  yarn  avgs. 
avg.  of  yarn  avgs. 
Min.  up  Yarn  avgs. 

avg.  op  yarn  mins. 


20U. 

l  vs. 

1  7  2  . 


6.20 

b.  60 

s .  1  s 

b.  JO 


49  .6 
A 7.  ^ 
46.9 


23.4 

23.0 

22.6 


Ab.O  22.5 


Yarn 

Density 

(g/cm1) 


6  •  42 

46.0 

22.6 

6  •  42 
b*  96 
b  •  3  9 

47.2 

44.6 

40.4 

24.0 

22.3 

21.4 

1  .  66 

b.4b 

4  3.6 

2  1.9 

6.  by 

46.  7 

22 . 6 

6.  42 

0.21 

6.00 

46.6 

46.4 

4  4.2 

22.4 

22.3 

22.2 

1 .67 

b.7S 

44.3 

22.1 

*  260 ♦ 261 

b.  91 

4«  .6 

23.4 

1  .67 


2  09. 

6 . 33 

47.6 

23.2 

19b. 

,  1  76  • 

1  64. 

6.4  0 
b.  93 
b.  62 

4y .  l 
46*6 
44.0 

24.o 

22*9 

22.2 

1  •  66 

1  46. 

b.  66 

46.  1 

22.6 

Continued 
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TABLE  XV  (CONTINUED) 


Young’s 


Strength  Modulus 

60'  pal)  (10<  PgU-  Yar? 


Composite  Part 

Strand 

Tensile 

Composite 

Torsion 

Strand 

Comp . 
Rod 

Density 
(g/cm1 ) 

USbD  IN  KUSELAGE  SKIN 

avg.  ok  yarn  maxs. 

KUR  lb  DEGREE  PLIES 
199.  fa • 7  b 

44.0 

22.6 

MAX.  OK  YARN  AVGS. 
AVG.  OK  YARN  AVGS. 
MIN.  UK  YARN  AVGS. 

193. 

179. 

1  70  • 

7.24 

6.34 

b.  66 

4  6  •  b 

43.4 

39.6 

22.6 

22  •  1 

2  1*2 

1  .  6b 

AVG.  UK  YARN  MINS. 

1  53  • 

5.94 

42.2 

21.7 

USED  IN  KUSELAGE  SKIN 
AVG.  UK  YARN  MAXS. 

KUR  90  DEGREE  PLIES 
200.  6.4b 

44.0 

22.7 

MAX.  UK  YARN  AVGS. 
AVG.  UK  YARN  AVGS. 
MIN.  UK  YARN  AVGS. 

220. 

164. 

124. 

6.  7b 
5.0b 
b.  34 

45.4 

42.0 

37.3 

23  •  2 

2  2.3 

21.2 

1 .63 

AVG.  UK  YARN  MINS. 

119. 

b.  2 4 

30.3 

21  .9 

TABLE  XVI 

AVERAGE  PROPERTIES  OP  AL.'  LOTS  OF  EXPERIMENTALLY 
TREATED  "THORNEL"  50  YARN 


Property 

Strand  Young's  Modulus 
do6  psi) 

Strand  Tensile  Strength 
(103  psl) 

Torsion  Rod: 

Shear  Strength 
(103  psl) 

Composite  Young's  Mod. 
(106  psl) 


Average 

Value 

43.8 
180 . 

6.  L 
22.6 


Standard 

Deviation 


Composite  Shear  Mod. 

(106  psl) 

•  635 

.032 

Yarn  Density  (lb/ln. 3) 

.0596 

.0014 

Yarn  Cross-Section  Area 
(10-5  In.2) 

6.96 

.23 

panels  indicate rthattthrioad-oar?vinaVc°nSh'?f^i0nS  °n  stiffene<3 

component  made  with  the  treated  fibers  wilf^bp1^  °f  ^  fusela9e 
percent  higher  than  that  ^  ers  Wl11  be  several  tens-of- 

Therefore,  the  use  of  a  fiber  ST Vf  untreated  fiber, 

available  at  the  time  of  comoonen^  best  experimental  treatment 

in  spite  of  an  undesLableToss  ?n  fibfr°t ±10n?*a  fullV  justified, 
that  time,  major  improvement e  b  f  tens-Ue  strength.  Since 

the  present  commercially  aval  lab  le1  "Thorne  have  been  made; 

as2as,jsasr«TsS  “tT?  ssts- 
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content  of  each  rod  was  calculated  from  the  measured  cross-sectional 
area  of  the  yarn: 

Vf  =  Af'/Ar‘  (IV  E_1) 

where 

=  area  of  128  yarns  in  rod 
~  128  x  average  area  of  one  yarn  and 
A^  =  area  of  rod  =  0.01767  in.2 

The  modulus  translation  efficiency  was  calculated  from  the  formula 
nf  =  tEc  "  (1-vf)  Em]/VfEf'  (IV  E-2) 

where 


E  =  modulus  of  the  composite  rod 

E  =  modulus  of  the  matrix  =  0.6  x  10 6  psi ,  and 

Ef  =  strand  modulus  of  the  yarn. 

The  number  of  yarns  per  rod  (128)  was  chosen  to  give  a  nominal  fiber 
volume  content  of  50  percent,  the  average  fiber  content  for  the  fifty- 
seven  lots  of  yarn  was  50.4  percent,  with  a  standard  deviation  of  1.7 
percent.  The  average  modulus  translation  efficiencv  was  101.3  per¬ 
cent  with  a  standard  deviation  of  3.8  percent.  Modulus  translation 
efficiencies  of  greater  than  100  percent  have  subsequently  been 
found  in  other  studies  at  Union  Carbide.  These  results  indicate 
that  the  modulus  value  given  by  the  strand  test  was  lower  than  the 
true  fiber  modulus.  An  investigation  of  thestrand  test,  conducted 
after  the  fiber  treatment  evaluation  program  was  completed,  has 
shown  the  need  for  a  machine  compliance  correction.  The  effect  of 
the  correction  is  to  increase  the  uncorrected  strand  modulus  by  an 
amount  which  increases  with  increasing  fiber  modulus. 

The  shear  modulus  of  the  torsion  rods  was  calculated  from 
the  torsional  resonant  frequency  with  the  expectation  that  voids  and 
other  defects  which  would  lower  the  shear  strength  would  also  lower 
the  shear  modulus.  However,  no  correlation  between  shear  modulus 
and  shear  strength  was  found,  and  the  data  are  not  reported. 

b .  Unidirectional  Plates 

Composite  tests  have  indicated  that  the  translation 
for  strength,  as  well  as  modulus,  is  close  no  100  percent 
for  unidirectional  plates  made  from  one  uniform  lot  of  treated 
Thorne 1  fiber.  In  this  program,  the  two  unidirectional  plates 
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Vi lots  - 

prosier 

foSas  =  f°r  th6Se  PUteS  Predicted^' 


and 


Ec  -  If  VfEf  +  (l-Vf)Em, 

nf  =  1.013, 

°c  =  tVf  +  d-Vf)  Em/Ef]  O 


(IV  E-3) 


(IV  E-4) 


Table'xv'unde^the^eadinqs'of  "a"  *“?  Pr°Perties  ^sted  in 
Avgs.",  and  "Avg.  of  Yarn  Mins  "  V?hp0  Y^f n  Avgs . " ,  "Min.  of  Yarn 
with  measured  data  in  Table  XVII  Th  predlcted  values  are  compared 
moduli  appear  to  be  in  better  »  h<V average  measured  tensile 

''Avg.  of  Yarn  Avgs."  properties^han^ith1^ Values  Predicted  from 
either  type  of  minimum  yarn  properties  hThe1USS  pred:|-cted  with 
tensile  strength,  but  the  results  d^  nAt  a .  averse  is  true  for 
was  initiated  by  one  weak  varn  Me  .  lndlcate  whether  failure 

or  by  collective  action  of^eak 'spotslra^f  ??  Yarn  Av9s-"> 

'Avg.  of  Yarn  Mins.")  P  tS  in  a11  yarns  (low  value  of 
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COMPARISON  OP  PREDICTED  RULE-OP-MIXTURES  PR0PERTTF9  wtth 

measured  properties  of  unidireckonIl  places  T 


Yarn  Property 

Used  in 
Calculation 

Plate  P50 

-211(Vf  =  1)82) 

Plate  P50- 

■220  (Vf  -  572) 

Young  ’  s 
Modulus 

Tensile 

Strength 

Young's 

Modulus 

Tensile 

Strength 

Avg.  of  Yarn  Avgs. 

20.9 

101 

26.5 

106 

Min.  of  Yarn  Avgs. 

20.3 

73 

24.9 

85 

Avg.  of  Yarn  Mins. 

20.5 

86 

25.6 

82 

Measured  Avgs. 

21.1* 

67* 

26.0* 

76** 

*From  Table  XLIX  of 

Reference 

3. 

**From  Table  IX  of  this  report. 

Unlns :  Modulus  -106  pel-  Strength  -10 3  psi 
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II 


The  short-beam  shear  strengths  at  approximately  5/1  span- 
to-depth  ratio  for  plates  P50-211  and  P50-220  are  within  a  few  hun¬ 
dred  psi  of  the  torsion  shear  strength  based  on  "Avg.  of  Yarn  Avers 
properties.  However,  if  the  torsion  shear  strengths  had  not  been  * 
reduced  by  the  high  void  content  of  the  rods,  the  short -beam  shear 
strength  might  have  been  in  better  agreement  with  one  of  the  torsion 
strengths  based  on  minimum  yarn  properties. 


c. 


Plates  and  Stringers  with  (±10°,  +10°)  Lay-Up 


.  that  a  comparison  can  be  made  more  easily  of  the  varn 

properties  for  the  thirty-one  fuselage  stringers  with  the  yarn  prop¬ 
erties  for  the  panels,  some  of  the  data  given  in  Table  XV  have  been 
averaged  for  the  seven  or  eight  stringers  in  each  quadrant  of  the 
fuselage  component.  These  average  properties  and  the  standard  devi- 
ations  are  given  in  Table  XVIII.  The  yarn  in  the  bottom  stringers, 
which  were  chosen  for  high  yarn  tensile  strength,  has  13,000  to 
19,000  psi  higher  tensile  strength  than  that  for  the  top  stringers. 
The  top  stringers  were  selected  on  the  basis  of  high  stringer  com¬ 
pressive  strain;  since  high  stringer  compressive  strain  requires 
high  shear  strength,  it  is  not  surprising  that  the  top  stringers 
were  made  with  yarn  with  the  highest  torsional  shear  strength  (6460 
psi  for  top  stringers  compared  with  the  average  value  of  6040  nsi 
for  the  remaining  stringers).  P 

The  yarn  in  the  bottom  fuselage  stringers  had  approx:  r- ? tel' 

O0°sa?o°te?oi  !o?>d  ?hrrJntr??fhS  as  thOSe  f°r  the  yarn  in  tile  ' 
(10  ,  10  10  ,10  )  plate  P50-222  used  for  coupon  tests.  (One  yarn 

with  low  shear  strength  was  used  accidentally  in  P50-222.)  However 

the  values  ±93  and  5.69  x  10 3  psi  for  the  average  tensile  and  shlar' 

engths  of  the  yarn  in  the  bottom  stringers  are  7  and  16  percent 

ess  than  the  corresponding  values  for  the  yarn  in  the  stringers 

made  at^el^Apr^61^  panel.sp50“3  tested  in  tension.  Calculations 
made  at  Bell  Aerosystems  indicate  the  16  percent  loss  in  yarn  shear 

strength  should  cause  less  than  one  percent  loss  in  stringer  tensile 

strS'o/thfb0^'  °Vhe  baSiS  °f  yarn  P-Perties ,  the9  tenlile 
strength  of  the  bottom  stringers  is  expected  to  be  only  a  few  percent 

pane 1^ tensile  Sst!  °f  ^  CalCUlated  **o»  the  end-attachment 

,  .  The  tensile  strength  of  the  yarn  in  the  top  fuselage 

in^lUteSso  approx^mate1^  13  Percent  less  than  that  for  the  yarn 
in  plate  PoO  222  and  is  nearly  the  same  as  that  for  the  yarn  in 

he  stringers  on  the  end-attachment  panel  SP50-4  tested  in  compres- 

strength  of  the  yarn  in  the  top  fuselage  stringers 
to  10  percent  greater  than  that  for  the  yarn  in  plate  P50-222 
and  rn  the  stringers  in  panel  SP50-4.  Therefore,  on  the  basL 
of  yarn  properties,  the  compressive  strength  of  the  top  fuselage 
stringers  shouid  be  a  few  percent  greater  than  the  yalCe  of  45?000 
psi  calculated  from  the  panel  compression  test.  This  prediction  ’s 
supported  by  the  coupon  compression  tests  for  these  eight  stringers 
which  gave  an  average  compressive  strength  of  49,900  psi  9 
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TABLE  XVIII 


VERAGE  PROPERTIES  OP  EXPERIMENTALLY-TREATEDnTHORNEL' 
YARN  IN  FUSELAGE  COMPONENT  STRINGERS 


50 


Yarn 

Property 

Strard 

Tensile 
Strength 
do3  psi) 

Composite 
Torsion 
Strength 
(103  psi) 

Strand 
Young's 
Modulus 
(10s  psi) 

Bottom  Quadrant  -  7  Strineers  (Numbers 

29-31.  1-4) 

Avg.  of  Yarn  Avgs. 

Min.  of  Yarn  Avgs . 

Avg.  of  Yarn  Mins. 

193d) 

176(6) 

152(4) 

5.69( .12) 
5.3M.16) 

5 . 28( . 12) 

45.4(1.7) 

42.9(2.6) 

43.6(2.3) 

Left  Quadrant  -  8  Stringers  fNnmho™  c 

-12) 

6.26( .46) 

5 . 59( . 24 ) 

5. 7°<.  .40) 

Avg.  of  Yarn  Avgs. 

Min.  of  Yarn  Avgs. 

Avg.  of  Yarn  Mins. 

179(8) 

166(7) 

144(10) 

44.4(1.4) 

42.0(1.6) 

41.9(2.2) 

Top  Quadrant  -  8  Stringers  (Numbers  1 3- 

20) 

Avg.  of  /arn  Avgs. 

Min.  of  Yarn  Avgs. 

Avg.  of  Yarn  Mins. 

171(6) 

163(c) 

138(9) 

6.46( .32) 

5 . 74 ( . 22) 
5.90(.35) 

44.1(1.4) 

41.4(1.0) 

42.0(1.9) 

Right  Quadrant  -  8  Stringers  (Numbers  21-28) 

Avg.  of  Yarn  Avgs. 

Min.  of  Yarn  Avgs. 

Avg.  of  Yarn  Mins. 

182(10) 

170(9) 

146(10) 

6.14( .46) 

5 . 55( . 24 ) 
5.69(.46) 

43.8(1,8) 

41.2(1.9) 

41,4(2.3) 

All  Thirty-One  Strin 

Avg.  of  Yarn  Avgs. 

Min.  of  Yarn  Avgs. 

Avg.  of  Yarn  Mins. 

182(10) 

169(8) 

115(10) 

6 . 15 ( .46) 
5.56(.26) 
5.68(.42) 

44.4(1.7) 

4l . G( 2 . 0) 
42.2(2.3) 

Numbers  in  parentheses  are  standard  deviations 

Plates  and  Fuselage  Skin  Wich  (90° , ±15°  ,90°)  r  ay-Up 


The  properties  of  tne  (90°  +i«j°  i 

niirtiCn,^Pend  mainl*  °»th*  properties  of' tofv.rn 

pUefthan  flAtU  9^  pliltf  sele=ted  ^e" 

strength  of  the  van'  in  fho  i  •  mJ~  plies,  the  tensile 

less  than  that  of  the  sa» ^pUes  ifpane? 

refs-  tas  ?:rn5?nn 

for  the  same  plies  in  t^eS^t^n?1^^  panfL?"  ValUeS 
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SECTION  V 


FABRICATION  OF  REPRESENTATIVE  FUSELAGE  COMPONENT 


The  design  developed  by  Bell  Aerosystems  Company  for 
the  representative  fuselage  component  was  shown  in  Figure  149(a) 
and  149(b)  in  Section  IX  B  of  the  Third  Annual  Report. (3)  Sec- 
tion  IX  K  of  that  report  discusses  the  initial  component  fabrica¬ 
tion  activities  on  material  for  the  stiffening  rings ,  on  the  mar— 
dr^d  for  the  skin,  and  on  the  design  of  the  stringer  mold.  In 
this  section,  the  final  fabrication  activities  are  described. 

The  section  begins  with  a  brief  overview  of  the  entire  fabrica¬ 
tion  procedure. 

A .  Summary  of  Component  Fabrication 

(Dr.  J.  M.  Criscione,  Dr.  G.  B.  Spence,  and  A.  A.  Pallozzi, 
Union  Carbide) 


The  component  was  assembled  by  adhesively  bonding  stringerfs 
st-1:ffeni-n9  rings,  and  end  attachments  to  a  tapered  cylindrical  skin 
Prior  to  the  component  assembly,  a  set  of  forty-five  stringers  was 
molded;  tnirty-one  of  these  stringers  were  selected  for  the  compo¬ 
nent  on  the  basis  of  quality  control  test  results.  Also,  the  four 
balsa-core  rings  were  fabricated  in  a  separate  operation. 


The  skin  was  made  on  a  plaster  mandrel  by  a  combination 
of  wet  winding  the  inner  and  outer  90°  plies  and  hand  lay-up  of 
prepreg  for  the  middle  15°  plies.  Before  the  skin  was  removed 
from  che  mandrel,  a  50-mil  thick  buildup  of  glass  reinforced  plas- 

added  at  each  end,  and  the  outer  aluminum  rings  were 
onded  to  the  GRi.  .  These  outer  end  attachments  served  to  stabilize 
and  protect  the  ends  of  the  thin  skin  during  the  remainder  of  the 
fabrication  operations. 


The  stringers  were  bonded  to  the  inner  surface  of  the 
skm  in  seven  sets  of  four  stringers  at  a  time  and  a  final  set  of 
three  stringers.  Next,  the  four  balsa-core  rings  were  bonded  to 
the  inner  surface  of  the  skin  by  inserting  the  rings  from  the 
large  end  of  the  tapered  shell. 


,  The  inner  end  attachment  was  added  in  several  steps . 

Five  layers  of  GRP  adhesive  prepreg  were  applied  at  each  end  with 

strips  that  extended  between  and  on  top  of  the  stringer  f lanqes , 

'  Pre7molded  slotted  GRP  blocks  were  bonded  to  the  shell  with 

PrePre9-  The  inner  aluminum  rings  were  bonded  to 
the  GRP  blocks. 


. B°lts  were  added  through  the  aluminum  rings  to  keep 
the  adhesive  joints  under  compression  and  to  provide  a  back-up 
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method  of  loading  the  component  in  the  event  of  bond  failure 

to  «J™,?L!"at6Bial  TS  added  in  front  of  the  outer  aluminum  rings 
to  simulate  an  aerodynamic  surface.  y 

..  _  ..  Each  of  these  operations  is  described  in  more  detail  in 

the  following  sections. 


B. 


Fabrication  of  Hat— Shaped  Stringers 


The  fabrication  procedure  used  to  form  the  hat-shaped 
stringers  was  given  in  Sections  IX  D-l  and  IX  K-4  of  the  Third 
“  Report. ()  in  brief,  propreg  broadgoods  were  prepared  with 
xperimentally  treated  "Thornel"  50  fiber  and  the  ERL  2256t/ 
MPDA  epoxy  resin  system.  Strips  approximately  3.5  x  52  inches 
were  cut  at  10°  and  laid  up  to  form  a  four  ply  (10°, -10°  -10°  10°) 
stringer  preform.  Approximately  ten  weight  percent  of  resin  was 
removed  from  the  preform  in  a  separate  operation  in  order  ™t  ?o 

hdV?  a  murgS  resin  flow  in  the  mold  that  might  have  caused  fiber 
wash.  The  Preform  was  placed  on  a  heatable  surface,  covered  with 
bleeder  cloth,  and  vacuum  bagged  (see  Section  IX  D-l  of  Reference  3 
for  details)  The  bleed  out  was  accomplished  by  holding  the  pre¬ 
form  under  atmospheric  pressure  for  one-half  hour  at  122°F  (50°C) . 

9n  nThe  stringers  were  formed  in  the  mold  shown  in  Figures  19 
Dimensional  drawings  of  this  mold  were  given  in  Figures  20' 
and  208  of  Reference  3.  Figure  19  is  a  photograph  of  the  steel 

Iona  SeTh^°fl°f  thS  m°ldi  the  base  is  4  inches  wide  by  54  inches 

curvaturPtn  ^ngS  area  the  m°ld  has  an  11 -5-inch  radius  of 

f  .  ensure  good  contact  between  the  stringer  flange  and 

occur  during  "  Tt  ^  W*ere  the  hi9hest  stresses  will 

r:  ,ing  the  final  testing  of  the  component.  Figure  20  shows 

the  female  mold  section  consisting  of  silicone  rubber  (RTV-60^ 
contained  within  a  steel  chase,  loth  halvel  of  Se  mold  were’ 
heated  by  me ens  of  the  heated  platens  of  the  press.  More  closelv 

a  seriesSof  lartridof  £hS  “l6  ?ec'tion  w£s  accomplished  with 

5  of  cartridge-type  electrical  heaters  located  in  the  mold 

base.  Two  temperature  controllers  were  used  to  regulate  the 

to  monitor  °f.the  m°ld;  3  recoldefwas  used 

of th  temperature  at  four  points  along  the  mold.  At  the 

lltilg  wa?erreilylddFthe  pres®.Platens  were  cooled  with  circu- 
the  lids  o?  1  F  cooling  water  was  circulated  through 

Flours  h  1  f,  eel  section  of  the  mold,  as  shown  in  Figure  19 

ture  oollrlnels  ^d^ecolSe^  P°Siti°n  With  the  temPe— 

coated  glass  lloti^waYp^lfd  VeaS^i^  oTlhT^u^^e- 
ulked  preform.  A  layer  of  Mylar  was  placed  next  to  each  ply 

^ArmaioFXueA-116 ,  Product  of  E.I.  duPont  de  Nemours  &  Company. 
tProduct  of  Union  Carbide  Corporation.  P  Y 
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of  glass  cloth.  This  lay-up  was  placed  on  the  rubber  female  mold 
section,  and  the  mold  was  slowly  closed.  Because  the  stringers 
were  given  a  post  cure,  minor  variations  in  press  cure  schedule 
were  allowed  in  order  to  accommodate  work  schedules.  A  typical 
cure  schedule  is  given  in  Table  XIX.  The  stringer  was  numbered 
and  machined  to  its  final  width  of  1.03  inches. 


Figure  19.  Photograph  of  Steel  Section  of 
54-Inch  Hat-Shaped  Stringer  Hold. 


N-20364 
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TABLE  XIX 

TYPICAL  CURE  SCHEDULE  FOR  MOLDING 
HAT-SHAPED  STRINGERS 


Press  Cycle  at  80  psi  pressure 


RT  to  240°F  (116°C)  in  30  min 
Hold  at  240°F  (116°C)  for  2  hrs 
240°F  (ll6°C)  to  RT  in  20  min 


Post  Cure  Unconstrained 


320°F  (l60°C)  for  6  hrs 


Forty-five  stringers  were  made  for  possible  use  on  the 
component.  These  stringers  were  given  the  quality  control  tests 
discussed  in  Section  IV  D.  On  the  basis  of  the  test  results, 
thirty-one  of  the  forty-five  stringers  were  selected  for  the  com¬ 
ponent.  The  test  results  were  also  used  to  select  the  position 
at  which  each  stringer  was  to  be  placed  around  the  shell.  The 
stringer,  test  results  and  the  selection  criteria  are  given  in 
Section  IV  D.  Fiber  properties  for  the  yarn  in  the  stringers 
are  summarized  in  Section  IV  E. 

C.  Fabrication  of  Balsa-Core  Ring  Stiffeners 

The  ring  stiffeners,  which  provide  circumferential 
stability  for  the  fuselage  component,  consist  of  a  segmented 
balsa-wood  core  reinforced  with  "Thornel"  fiber,  epoxy  composite. 
The  ring  design  was  shown  in  Figure  149 (b)  of  the  Third  Annual 
Report.  (3)  Most  of  the  composite  material  for  the  rings  was  fab¬ 
ricated  with  untreated  "Thornel”  40  fiber  and  ERL  2256/MPDA  epoxy 
resin  before  the  decision  was  made  to  change  to  a  treated 
"Thornel"  50  fiber  for  the  skin  and  stringers.  Since  the  tests 
of  the  untreated  "Thornel"  40  ring  beam  elements  had  shown  ade¬ 
quate  strength  for  this  material,  the  untreated  "Thornel"  40 
fiber  was  used  in  all  the  ring  material.  Assembly  of  the  ring 
stiffeners  was  subcontracted  to  Lumb  Woodworking,  Incorporated, 
a  company  which  has  the  equipment  and  capability  to  machine 
balsa  wood.  The  inner  unidirectional  composite  ring  and  the 
three-ply  (0°,±45°)  composite  shear  webs  were  fabricated  by  Union 
Carbide.  Figure  22  gives  the  dimensions  of  the  composite  shear 
webs . 
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Figure  22.  Shear  Webs  for  Ring  Stiffeners. 

N-21489 
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wood  segmentf„ItrtLti“^n™nte11^nvyto0ndin?,balSa- 
tional  composite  ring.  The  relativ^J Lally.  °  a  unidirec- 
(0.040  inch  thick  and  0.650  inch  highf  lring 

cular  composition  board  contain -in™  i  s.suPPorted  °n  a  cir- 

shown  in  Figure  23  Aftpr  tho  i  ?  aluminum  metal  hub,  as 

Jnss-iS:  2?jss' -2^S.aSaa  sajs 

(see  Figure  24)  Tran^ni  ^  =  i  quired  outside  diameter 

bonded  lo  thfsides  ofthe  ba,f°”P°Sate  Shear  Webs  were  then 
in  Figure  25,  were  used  to  hold  the°  eh°re ’  ■  'ooden  clamps ,  shown 

i*g  operation.  Sa^ree-P^v  to«  durin9  the  bond' 

to  the  core  mat'-rial  so  that^tL  I'45  l  eb  segments  were  bonded 
outer  surface  ofthe  r?™  V  zero-degree  fibers  were  on  the 

direction  at  the  center  If  the^eb  ^AftlfS^exI0  “f  radial 


Figure  23. 


Bonding  of  Balsa-Uood  Core  to 
Composite  Ring  on  Support  Disc. 


Unidirectional 

N-2185 
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Figure  24. 


Balsa-Wood  Core  Segments  Machined 


to  Form  Circular  Ring. 


N-21486 


Figure  25.  Bonding  of  Composite 
Webs  to  the  Balsa-Wood  Core. 


Shear 

N-20676 
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Figure  26. 


Routing  of  Stringer  Slots. 


N-20674 


Lqual  spacing  of  the  thirty  one  stringer  slots  was 
accomplished  with  the  aid  of  tne  ratchet  wheel  and  pawl  fixture 
shown  in  Figure  27.  The  ratchet  wheel  w as  bolted  to  the  compos i- 
tion  board  containing  the  reinforced  balsa-wood  core  rinc  and 
positioned  with  a  steel  arbor  on  the  pawl  fixture  base.  Tne 
spring-loaded  pawl  positioned  the  ratchet  wheel  for  tne  stringer 
slot  routing  operation.  The  ratchet  wheel  fixture  was  designed 
to  machine  the  equally  spaced  stringer  slots  in  the  four  ring 
stiffeners  of  different  diameters. 

After  tne  stringer  slots  were  cut.  the  ring  perimeters 
were  sanded  on  a  2.4  -degree  angle  to  give  good  contact  with  the 
inner  surface  of  tne  fuselaae  skin.  The  areas  that  were  not  to 
be  bonded  to  tne  skin  were  sealed  with  a  clear  lacquer  to  mini¬ 
mize  water  absorption  by  the  porous  balsa -wood  core.  A  completed 
ring  stiffener.,  removed  from  the  composition  board  support,  is 
shown  in  Fiaure  28. 

0.  Fabrication  of  Component  Skin 


The  fuselage  component  skin  consisting  of  four  plies 
oriented  at  (0°  15°,,  -15°  0°)  relative  to  the  cylinder  axis,  was 
made  with  treated  Thornc-1  50  fiber  in  SFL  2  256/  1PDA  epoxy 
resin,  ^iber  properties  are  given  in  Section  IV  b.  The  skin 
fabrication  procedure  was  essentially  the  same  as  that  developed 
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for  fabricating  the  quarter-scale,  one  foot  long  stiffened  cyl¬ 
inders.  This  procedure  was  described  on  pages  356-353  of  the 
Third  Annual  iveport.(3)  In  brief,  the  procedure  was  to  wet-wind 
a  90°  ply  on  a  plaster  mandrel.  Each  15°  ply  was  applied  by 
hand  in  four  quarter-sections  of  prepreg.  The  outer  90°  pl'- 
was  wet  wound. 


Figure  27.  Ratchet  Wheel  Fixture  for  Accurately 
Positioning  Ring  During  Routing  of  Stringer  Slots. 

K-21484 

A  lathe  -type  filament  winding  machine  was  used  to  wet- 
wind  the  90°  plies  on  a  plaster  mandrel*  (see  Section  IX  X-3  of 
the  i bird  Annual  Report  for  details  of  tne  mandrel  dimensions 
and  materials) .  One  coat  of  polyvinyl  alcohol  (Plastilease  -  512Bt) 
and  two  coats  of  carnauba  wax  were  applied  to  the  mandrel  to  seal 
the  surface  and  provide  a  release  agent  between  the  mandrel  and 
t!  e  skin,,,  Figure  29  shows  the  mandrel  with  the  indexing  discs  at 
each  end  wnich  were  used  to  position  the  quarter  sections  of  the 
15°  plies. 


*Fabncated  by  mandrels,  Incorporated. 
rProduct  of  Ram  Chemicals  Manufacturing  Company. 
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Completed  King  Stiffeners  Removed  from  Support  Disc. 

W-20575 


Plaster  Mandrel  for  Winding 
Component  Skin.  iJ-20680 


were  given  in  Figure  164  enviable  XLIII15f  PtY  quarter  section 
Report.  The  taper  in  the  shell!  ?!  °f  the  Third  Annual 
along  one  edge  of  the  tapered  ouarS!  ^  having  cut  yarns 
sections  used  in  the  component/kfn  SeCt£0n  panel  •  The  quartei 
the  side  with  the  cut  ya£ns  (the  area6™ T?1?6'16?  by  °'25  on 

Reference  3).  The  quarter  sectfnnf  ,  GHJI  ln.  Figure  164  of 
so  that  the  continuous  fibers  at  one  fz!  applied  Lo  the  mandrel 
the  cut  yarns  in  the  0.25-inch  str?o  °f  ?.£  iCticn  overlapped 

This  overlap  joint  helped  to  hold  the  c  l!he  adiacent  section, 
during  fabrication  and  provided  f  yarns  on  tha  mandrel 

in  the  ends  of  the  cut  yarns  when  “®chanism  tor  building  up  stres 
external  loading.  The  o»f!  ?  component  was  subjected  to 

between  the  builVup^t^^  °“ly  in  tba 

iber  oomposite  plies  would  nor  he  •  1  the  nujnber  of  .graph - 

attachment  region.  ,  he  increased  in  the  end- 

cutting  the  qua'rt^^ctionr'^Th'rL1!"6  ”aS  036(3  as  a  3Uide  i„ 
the  mandrel  with  the  aid  of  a  mlf  sections  were  positioned  on 
quarter-section  panel  of  t-ho  oured  sheet-metal  pan.  a 

pan  and  brought  into  contact  witt/th  mateJial  was  Placed  on  the 
sure  was  applied  to  the  ou?er  surface  ??el  from  beneath.  Tres- 

the  too  no!^5  Sl°Wly  rotated  ISO"  L  order  pan  while 

the  nan  Ptl°n'  as  shown  in  figure  30  in  bring  the  pa"  to 

the  pan  was  removed;  the  nrPnran  *  At  the  top  position 

Iheet°wasaCt  between  the  liber  layers  blfor^th3  Smooth  to  assure 

neet  was  removed.  The  nr-nr^v  *  j  ?  before  the  prep'  ea  backing 
prepreg  was  assured  by  the  ^deXing  «*  quarte?-soctiohs  of  9 
which  were  positioned™  a  w„L  f  p  located  metal  guide  pins 
mandrei.  Two  contoured  pan"  wfrh  1SC  f°cated  on  *a<*  end  o?  the 
quired  to  position  both  ?he  po/t/PP°3ite  “rotation  were  re¬ 
sections.  A  quarter  sectVcnP  and  negative  15”  Quarter 

With  the  prepreg  backing  mater^i  ned  2"  the  mandrel ^surface 
Tue  prepreg  tack  was  sufficient  to^iT^ 1S  shown  in  Figure  31 
the  mandrel  during  fabrication^  °ld  the  quarter  sections  on* 

The  outer  Qn°  .. 

thethG  fngle  Plies  was  completedyetExcpnd  aft?r  the  Positioning 

liah^UrfaCe  °f  the  °uter  90°  ply "bv  annfS • reSi?  Was  remov®d  from 
ight  pressure  at  room  temperature7  S£*ying  bleeder  oloth  and 
nificantly  decrease  the  resin  rnrn-’  4-Th^S  Procedure  did  not  sio- 
finai  skin  resin  content  and  ply  thi^Wlthin  the  skin'  and  the9 
design  goals.  p  y  thickness  were  greater  than  the 


tOClflVG  of  cliffy  _  •  . 

external"6"  "0t  availahle,  so^he  skints/  h°Jd  the  skin  aad 
external  pressure.  The  bleeder  clofh  uured  with  heat  and  n 

heating  units  were  DosiHnnaj  cloth  was  removed  and  rod-tma 

wind '  gelled  while  the  mandrel  waHlow/116  mandrel-  The  resin  w, 

placed9on6ahine  ’  •  After  the  resi"  had  gelled^th  by  ** 6  filameh4- 
p  on  a  carriage  and  rolled  into  a9f™™d  aZ  mandrel  was 

orced  air  convection  over 
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Figure 


30.  Hand  Positioning  of  a  Quarter 
Section  of  a  15°  Angle  P]y. 

1  N-20681 


Figure  31.  Quarter  Section  of  '’Thornel  ' 

Prepreg  Positioned  on  Mandrel  Surface. 

M-20678 
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To  reduce  the  risk  of  cracking  the  heavy  plaster  mandrel,  the 
temperature  in  the  convection  oven  was  slowly  increased  and  de¬ 
creased  in  small  incremental  steps.  Figure  32  shows  the  air 
temperature  in  the  convection  oven  during  the  cure  of  the  fuse¬ 
lage  component  skin. 


Figure  32.  Time-Temperature  Cycle  for  Cure 

of  Component  Skin. 


E .  Bonding  of  Outer  End  Attachments 

In  order  to  be  able  to  introduce  loads  into  the  fuse¬ 
lage  component  during  testing,  both  ends  of  the  component  were 
built-up  with  glass  fiber  reinforced  plastic  (GRP)  laminates  and 
segmented  aluminum  rings.  The  design  of  these  end  attachments 
is  shown  in  Figures  149(a)  and  149(b)  of  Reference  3;  the  design 
is  similar  to  that  used  on  the  end-attachment  test  panels  dis¬ 
cussed  in  Sections  IV  A  and  B,  The  parts  of  the  end  attachment 
on  the  outside  of  the  skin  were  added  before  the  skin  was  re¬ 
moved  from  the  plaster  mandrel. 
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Temperature  (°C) 


m  CCnTh!LGR?  builduP  was  formed  by  wrapping  eight  layers  of 

Narmco-550  adhesive  prepreg*  (Style  181  glass  cloth)  on  the  ends 

°Luhe^°?P°?en^  ?k£n;  The  Skin  Was  li9btly  sanded  and  cleaned 
with  ethyl  alcohol  before  the  prepreg  was  applied.  The  GRP  lami- 

nauS,qW?S  vacuum.  bagged  and  cured  in  the  convection  oven  with  the 
schedule  shown  in  Table  XX  (air  temperatures  are  given) .  Each 
end  was  cured  separately.  After  the  cure  was  completed,  the  GRP 
laminates  were  machined  to  a  thickness  of  0.050  inch;  and  the 
skin  was  cut  to  its  final  length  of  48.0  inches.  Figure  33  shows 
the  skin  and  GRP  laminace  after  machining. 

TABLE  XX 


CURE  SCHEDULE  FOR  OUTER  GLASS 
REINFORCED  PLASTIC  LAMINATE 


Buildup 

at  Large  End 

-  12 

to 

13  psi 

pressure 

RT  to 

248°F 

( 120°C ) 

in 

0.7 

hrs 

Hold  at 

248°F 

( 120°C ) 

for 

3.5 

hrs 

Cool  to 

100°F 

(38°C) 

in 

7.5 

hrs 

Buildup 

at  Small  End 

-  12 

to 

13  psi 

pressure 

RT  to 

257°F 

(125°C) 

in 

1.7 

hrs 

Hold  at 

259°F 

(126°C) 

for 

1.5 

hrs 

Hold  at 

273°F 

(134°C) 

for 

2.0 

hrs 

Cool  to 

100°F 

(33°c) 

in 

5.5 

hrs 

Each  aluminum  ring  was  formed  from  four  quarter  seer- 
ments  which  were  fabricated  from  a  tempered  7075  aluminum  alloy 
r  <_fUppJie?  to  Ul?lon  Carbide  by  Bell  Aerosystems .  The  surfaces 
of  the  aluminum  rings  were  prepared  for  bonding  by  the  procedure 
described  in  Table  XL  of  Reference  3.  Epoxy  adhesive  EC-2216 
(grey) t  was  used  to  bond  the  rings  to  the  GRP  laminate.  A  metal 
strap  was  placed  over  the  ring  segments  in  order  to  obtain  good 
contact  between  the  aluminum  and  glass  laminate  surfaces  while 
the  adhesive  was  curing.  The  aluminum  ring  segments  were  accu- 

by.metal  Pins  which  were  inserted  through  pre- 

P1c0t^u°ie!uin  ^e  aluminum  segments  and  into  the  plaster 
mandrel.  _,o  that  the  aluminum  ring  segments  on  the  large  end 

would  be  prevented  from  moving  down  the  tapered  fuselage  skin  sur- 
e,  two  pins  were  inserted  in  each  segment  at  the  end  of  the  skir 


^Product  of  Whittaker  Corporation,  Narmco  Materials  Division. 
tProduct  of  Minnesota  Mining  and  Manufacturing  Company. 
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Metal  bars  extending  from  the  segments  on  the  large  end  to  the 
segments  on  the  small  end  prevented  any  longitudinal  movements 
of  the  rings  on  the  small  end.  The  positioning  and  bonding  of 
the  aluminum  segments  on  the  fuselage  skin  outer  surface  are 
shown  in  Figure  34.  In  order  to  avoid  any  problems  than  might 
nave  been  caused  by  the  thermal  expansion  mismatch  between  the 
aluminum  rings  and  the  GPP  laminate,  the  LC- 2216  adhesive  was 
curea  at  room  temperature  for  two  days. 


Figure  33. 

Glass 


Component  Skin  After  Machining 
Laminate  Reinforced  BnCs . 

N- 20 36 6 


After  the  outer  end  attachments  were  applied,  the  plas¬ 
ter  mandrel  was  chipped  away  to  free  the  component  skin.  The 
ends  of  the  mandrel  shaft  were  supported  until  the  shaft  could  be 
freed  and  removed.  After  the  shaft  was  removed,,  a  contoured  plas  ¬ 
ter  cradle  supported  tne  skin  and  remaining  plaster.  When  the 
plaster  was  completely  chipped  away,  the  skin  was  cleaned  to  re¬ 
move  any  sealer  or  release  agent  adhering  to  the  inner  skin  surface. 

The  contoured  plaster  cradle  had  been  cast  earlier  by 
utilizing  the  mandrel  on  which  the  skin  was  made  as  a  mold.  Be¬ 
fore  casting,  material  was  added  to  the  skin  mandrel  to  simulate 
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the  skin  and  outer  end-attachment  buildups.  The  plaster  cradle 
was  supported  on  a  metal  carriage,  and  a  ruober  blanket  was  placed 
between  the  cradle  and  the  skin.  This  cradle  was  used  to  support 
the  component  during  the  remaining  fabrication  operations. 


Figure  34.  Positioning  and  Bonding  of  Aluminum 
Segments  on  Component  Skin  Outer  Surface. 

11-20679 


F .  Bonding  of  Stringers  and  Rings 
1.  Stringers 

The  stringers  were  bonded  to  the  skin  with  the  fixture 
shown  in  Figure  35.  The  fixture  consisted  of  four  movable  U-shaped 
pressure  bars  positioned  by  four  arc  sectors  mounted  on  a  central 
shaft.  A  drawing  of  ^.he  pressure  bar  is  given  in  Figure  36.  When 
lowered,  the  edges  of  each  bar  came  in  contact  with  the  flanges  of 
a  stringer  and  pressed  the  stringer  against  the  skin  during  the 
bonding  operation.  The  pressure  bars  were  held  by  four  slotted 
sectors ?  a  drawing  of  a  sector  is  shown  in  Figure  37.  The  sectors 
contained  locating  oins  to  position  accurately  the  strinaers  and 
set  screws  to  apply  force  to  the  pressure  bars.  In  between  the 
bonding  operations,  the  pressure  bars  were  held  up  by  springs. 


-9  3- 


35*  Bonding  of  Hat-Shaped  Stringer* 
to  the  Component  Skin. 

N- 20 35 3 


.  ,  liie  oonding  surfaces  of  the  skin  and  stringers  v/ere 

ligntly  sanded  with  medium  grit  sandpaper,  cleaned  with  ethyl 
alcohol  and  dried.  To  facilitate  clean  up  after  the  bonding 
operation ,  drafting  tape  was  placed  on  the  skin  between  the 
stringers,  and  a  layer  of  Teflon  taoe  having  an  adhesive  backing 
was  used  to  cover  the  top  of  the  stringer  flanges.  The  Teflon 
tape  also  served  to  assure  a  positive  release  between  the  pressure 
oar  and  stringer  after  the  cure  cycle  was  completed.  After  a 
coating  of  adh:sive  was  applied  to  the  mating  surfaces,  a  stringer 
was  inserted  into  the  pressure  bar  channel  and  positioned  longi¬ 
tudinally.  The  locating  pins  in  the  sectors  positioned  the 
stringer3  circumferentially  and  prevented  any  misalignment  when 
the  pressure  bars  were  brought  into  contact  with  the  top  surfaces 
of  the  stringer  flanges.  A  minimal  amount  of  force  was  applied 
to  the  pressure  bar  to  cause  uniform  resin  squeeze-out  along  the 
stringer  flange  edges.  After  a  set  of  stringers  was  bonded)  the 
pressure  bars  and  locating  pins  were  retracted,  and  the  component 

skin  was  tnen  rotated  to  the  position  for  bonding  the  next  set 
of  stringers. 
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The  adhesive  used  to  bond  the  stringers  to  the  skin  con¬ 
sisted  of  70  weight  percent  Araldite  6005*  epoxy  resin  and  30 
weight  percent  ZZLB  0325+  hardener.  The  adhesive  was  allowed  to 
gel  at  room  temperature  for  approximately  four  hours  before  the 
structure  was  placed  in  the  hot-air  convection  oven.  The  room- 
temperature  gel  period  was  used  to  reduce  the  risk  of  adhesive 
flow  from  the  stringer  mating  surfaces  which  were  necessarily  at 
a  slight  angle  to  the  horizontal.  The  thirty-one  stringers  were 
bonded  in  seven  sets  of  four  stringers  at  a  time  and  one  set  of 
three  stringers.  The  cure  cycle  was  repeated  for  each  of  the 
eight  sets;  oven  air  temperatures  and  cure  times  are  given  in 
Table  XXI . 


TABLE  XXI 

CURE  SCHEDULE  FOR  BONDING  STRINGERS 
AND  RINGS  TO  SKIN 


Stringers 


Set 

1 

RT 

for 

0/4 

hrs 

+ 

140°F 

( 6o°C) 

for 

3.3 

hrs 

Set 

2 

RT 

for 

0/4 

hrs 

+ 

140oF 

(60°C) 

for 

2.3 

hrs 

Set 

3 

RT 

for 

0/4 

hrs 

+ 

147°F 

( 64°C) 

for 

4.4 

hrs 

Set 

4 

RT 

for 

0/4 

hrs 

+ 

145°F 

(63°C) 

for 

5.2 

hrs 

Set 

5 

RT 

for 

0/4 

hrs 

+ 

145°F 

(6  °C) 

for 

5.2 

hrs 

Set 

6 

RT 

for 

0/4 

hrs 

+ 

l4o°F 

( 6o°C) 

for 

3.4 

hrs 

Set 

7 

RT 

for 

0/4 

hrs 

+ 

l4o°F 

(60°C) 

for 

1.7 

hrs 

Set 

8 

RT 

for 

0/4 

hrs 

+ 

i4o°f 

(60°C) 

for 

4.3 

hrs 

Rings 


145°F  (63°C)  for  7.2  hrs 


2 .  Rings 

Because  of  the  taper  in  the  shell,  the  four  ring  stif¬ 
feners  could  be  inserted  from  the  large  end  of  t.he  component. 

The  shell  was  not  exactly  circular;  so  initially,  the  rings  stopped 
at  a  point  a  few  tenths  of  an  inch  from  their  proper  location.  The 
rings  were  hand-fitted  to  their  required  position  by  removing  mate¬ 
rial  from  selected  areas  on  the  outer  circumference  of  the  rings. 

In  addition,  some  of  the  stringer  slots  had  to  be  enlarged  to  main¬ 
tain  proper  clearance  between  the  rings  and  stringers. 

*Product  of  CIBA  Corporation,  CIBA  Products  Division. 

tProduct  of  Union  Carbide  Corporation,  Chemicals  and  Plastics 
Division. 
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Cgk  struct/ on  -  To  be  stress  -  /Pel  /e  vs d 
Finish  FIachin/ns- 


Figure  37. 

Stringer  Bonding  Fixture 


All  four  rings  were  bonded  ir  one  operation  and  cured 
at  the  same  tine  (see  Table  XXI  for  tie  curing  conditions) .  The 
same  adhesive,  Araldite  6005/L.ZLB  C32t>?  was  used  for  the  rings  that 
had  been  used  for  the  stringers .  A  photograph  of  the  component  at 
this  stage  in  the  fabrication  is  shown  in  Figure  38 . 


Figure  38.  Partially  Completed  Comioonent. 

N-20369 


G .  Bonding  of  Inner  End  Attachments 

The  glass  reinforced  plastic  (GRP)  buildup  on  the  inside 
of  the  component  was  more  than  0.4 -inch  thick.  The  largest  part 
of  this  buildup  was  formed  from  four  pre~molded  GRP  ring  segments. 
The  ring  segments  were  bonded  to  the  skin  with  five  plies  of  GRP 
prepreg,  and  seven  plies  of  GRP  prepreg  were  placed  over  the  seg¬ 
ments  and  the  stringer  caps. 
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iSach  GRP  ring  segment  was  fabricated  with  Narmco  550 
adhesive  prepreg*  (Style  181  glass  cloth)  laid  up  on  a  special!** 
designed  steel  mold.  The  tooling  was  designed  to  produce  ring 
segments  having  the  inner  surface  molded  to  final  dimensions  and 
containina  tne  30°  cnamfer.  Approximately  forty  rectangular 
sheets  of  prepreg  were  positioned  in  the  steel  mold  and  cured  in 
an  autoclave  using  the  manufacturer's  recommended  schedule.  The 
ring  segment  blank  was  machined  on  its  outer  surface  to  a  thick¬ 
ness  of  0.360  inch,  using  the  steel  mold  as  a  turning  fixture. 
After  machining  the  outer  surface  the  outer  edges  were  trimmed? 
and  the  segment  was  cut  to  the  required  chord  length.  The  stringer 
slots  were  accurately  machined  on  a  milling  machine.  A  photo¬ 
graph  of  two  completed  ring  segments  for  the  large  end  is  shown 
in  Figure  39. 


Figure  39.  Glass -Reinforced  Plastic  Ring  Segments. 
Top,  Concave  Surface  Molded  to  Final  Dimensions, 
bottom  machined  Convex  Surfaces. 

N-20371 


*Product  of  Whittaker  Corporation,  Warmco  Materials  Division. 
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Because  of  the  taper  in  the  shell,  the  slotted  GRP 
segments  could  not  be  inserted  with  a  simple  longitudinal  motion 
parallel  to  the  skin.  At  the  large  end,  segments  with  parallel- 
sided  slots  could  be  inserted  by  a  combined  outward  radial  motion 
inward  longitudinal  motion.  In  essence,  the  increase  in 
stringer  spacing  due  to  the  outward  radial  motion  is  compensated 
by  the  decrease  in  stringer  spacing  due  to  the  inward  longitudinal 
motion.  At  the  small  end,  this  compensation  is  not  possible,  and 
much  wider  clearances  are  needed  in  the  stringer  slots.  In  order 
to  minimize  the  gaps  between  the  stringers  ar>^  the  GRP  segments 
Bell  Aerosystems  designed  a  segment  with  tapered  slots;  the  amount 
of  taper  increased  with  increasing  distance  of  the  slot  from  the 
center  of  the  segment.  Further  discussion  of  the  design  ’ s  given 

in  Section  II..  A,  and  a  drawing  of  the  tapered-slot  segments  is 
given  in  Figure  1. 


The  machined  GRP  ring  segments  were  bonded  to  the  inner 
surface  of  the  component  skin  with  Narmco  550  adhesive  prepreg. 

Three  layers  of  prepreg  were  cut  with  length  equal  to  the  circum¬ 
ference  of  the  shell,  with  width  equal  to  the  width  of  the  GRP 
segments,  and  with  slots  such  that  the  fingers  extended  between 
~ut  not  on  top  of,  the  stringer  flanges.  Two  additional  layers' 
uere  cut  with  wi dox  fingers  which  extended  to  the  stringer  webs 
and  over  the  stringer  flanges.  The  five  layers  were  applied  with 
butt  joints  which  were  staggered  to  reduce  the  possibility  of 
forming  a  weak  fracture  path.  The  four  GRP  ring  segments  w£ie 
positioned  over  the  five  prepreg  layers,  and  the  assembly  was 
cured  in  a  vacuum  bag  in  the  convection  oven.  A  sheet  metal  pro¬ 
tective  cover  was  used  on  the  inner  surface  of  the  component  to 
prevent  the  vacuum  bag  from  pressing  on  tne  walls  of  the  stringers 
and  on  the  balsa-core  ring  stiffeners.  Twelve  wooden  blocks  were 
placed  between  the  stringers  to  transfer  the  load  from  the  conically 
shaped  metal  sheet  directly  to  the  skin.  Y 

After  the  GRP  ring  segments  were  bonded  to  the  skin,  the 
gaps  between  the  fingers  of  the  segments  and  the  stringers  were 
filled  with  EC  2216*  epoxy  adhesive;  the  adhesive  was  cured  at 
room  tempera4  ure .  Wherever  possible,  "Thornel"  graphite  fibers 
were  forced  into  the  gaps  to  increase  the  load  transfer  capabilities 
oe tween  the  end  attachment  and  the  stringers . 

Seven  layers  of  Narmco  550  adhesive  oreprea  were  used  to 
cover  the  stringer  caps  in  the  end  attachment  areas.”  Strips  of 
prepreg  2.75  inches  wide  were  draped  over  the  stringer  caps  and 
ne  parts  of  the  surface  of  the  GRP  ring  segments  which  extended 
between  the  stringers.  The  consolidation  and  curing  of  the  pre- 
r reg  ^ere  accomplished  in  a  vacuum  bag  in  the  convection  oven. 


*nroduct  of  Minnesota  Mining  and  Manufacturing  Company. 
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The  GRP  buildup  was  cured  in  four  operations:  the  rinq 
segments  at  the  large  end,  the  stringer  overlay  at  the  larqe  end 
the  ring  segments  at  the  small  end,  and  the  stringer  overlay  at  ' 
the  small  end.  The  oven  air  temperatures  and  cure  times  for  these 
operations  are  given  in  Table  XXII. 

TABLE  XXII 

CURE  SCHEDULE  FOR  INNER 
GLASS  REINFORCED  PLASTIC  LAMINATE 


Ring  Segments  at  Large  End 


26l°P  (127°C)  for  4.7  hrs 

212°F  (100°C)  for  2.4  hrs 

17 4°F  (79°C )  for  2.0  hrs 

Cool  to  104°F  (4o°C)  in  3.5  hrs 

Stringei  Overlay  at  Large  End 


26l°F 

(127°C) 

for 

4.0 

hrs 

210°F 

(99°C) 

for 

2.1 

hrs 

174°F 

(79°C) 

for 

4.7 

hrs 

Cool 

to 

104oF 

(40°C) 

In 

2.1 

hrs 

Ring 

Segments 

at  Small  End 

262°F 

(128°C) 

for 

4.3 

hrs 

210°F 

(99°C) 

for 

1.0 

hr 

174°F 

(79°  ) 

for 

1.0 

hr 

Cool 

to 

104oF 

(40°C) 

In 

2.9 

hrs 

Stringer 

■  Overlay  at  Small 

End 

262°F 

( 128°  C ) 

for 

5.3 

hrs 

210°F 

(99°C) 

for 

1.3 

hrs 

174°F 

( 79°C) 

for 

1.1 

hrs 

Cool 

to 

104oF 

( 4o°C ) 

in 

3.5 

hrs 

Except  for  size,  the  inner  aluminum  ring  segments  were 
the  same  as  the  cuter  aluminum  ring  segments  discussed  in  Sec¬ 
tion  V  E  and  were  prepared  for  bonding  the  same  way.  The  GRP 
ring  surface  was  lightly  sanded  and  cleaned  with  ethyl  alcohol 
prior  to  bonding  the  aluminum  ring  segments  with  EC  2216  adhesive 
The  bonding  surfaces  were  held  with  "C"  clamps  and  cured  for  two 
days  at  room  temperature . 
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Final  Assembly  of  Component 


As  a  precautionary  measure,  the  adhesively-bonded  GIF? 
and  aluminum  end  attachments  were  also  bolted  to  the  component. 

In  the  event  of  an  adhesive  bond  failure  during  the  ultimate 
strength  test  of  the  component,  the  bolts  would  transfer  load 
so  that  the  test  could  be  continued.  The  bolts  also  served  to 
maintain  the  adhesive  .oonbs  under  transverse  comoression  and, 
thereby,  reduced  the  chance  of  an  adhesive  bond  failure.  The 
bolt  holes  were  drilled  through  the  aluminum,  GRP  buildup,  and 
graphite  composite  skin  by  using  a  jig  mill.  The  component  was 
placed  on  the  rotary  table  of  the  jig  mill,  and  a  wooden  support 
was  placed  next  to  the  inner  aluminum  ring  to  prevent  undue 
stresses  during  drilling.  The  bolts  were  tightened  uniformly 
to  175  in.  lb  with  a  torque  wrench. 

A  tapered  band  of  fairing  material*  approximately  2.75 
inches  wide  was  added  on  top  of  the  outer  GRP  buildup.  The 
fairina  simulated  a  smooth  aerodynamic  surface  from  the  outer 
surface  of  the  aluminum  ring  to  the  component  skin.  The  catalyzed 
resin  was  applied  with  a  trowel  to  fill  the  area,  sanded  to  obtain 
a  smooth  surface,  and  painted  black  to  blend  with  the  "Thornel" 
composite  skin.  The  fairing  material  was  cured  at  room  temper¬ 
ature  . 


Figure  40  is  a  photograph  of  the  completed  component 
taken  from  the  larqe  end.  A  photograph  showing  the  side  of  the 
completed  component  is  given  in  Figure  41.  In  this  figure,  the 
component  is  supported  in  the  cradle  section  of  the  shipping 
crate.  A  protective  wooden  cover  was  fitted  over  the  cradle 
section  for  shipment  to  Bell  Aerosvstems  Comoan^. 

The  thickness  of  the  composite  skin  was  measured  at 
twentv -seven  locations  on  the  component.  The  results  arc  listed 
in  Table  XXIII.  Because  of  insufficient  resin  bleedout,  the 
average  skin  thickness  of  0.056  inch  was  greater  than  the  desicn 
goal  of  0,047  inch.  A  summary  of  the  weights  of  the  individual 
items  ana  of  the  total  weight  of  the  completed  component  is  given 
in  Table  XXIV.  The  weight  of  the  "Thornel"  composite  structure 
(skin,  31  stringers,  and  4  balsa-core  rings)  was  16.12  lb, 
corresponding  to  a  weight  per  unit  area  of  0.70  lb/ft..2 


*Black  Xnicht  Repair  Kit,  Product  of  Woodhill  Chemical  Sales 
Corporation . 
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Figure  40. 


View  from  Large  Lnd  of  Component. 

tf-20902 


Figure  41. 


Side  view  of  Component  Positioned 
in  shipping  Crate. 

d-20905 
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TABLE  XXIII 


COMPONENT  SKIN  THICKNESS 


Circumferential 
Position-Bet ween 
Stringers  Numbered 

Longitudinal  Position 
Distance  From  Large  End  (in.) 

9 

12 

24 

36 

1 

— 

2 

—  — 

0.054 

0.054 

0.058 

5 

- 

6 

— 

.060 

.057 

.059 

9 

- 

10 

— 

.056 

.055 

.058 

12 

- 

13 

0.053 

— 

13 

- 

14 

— 

.057 

.051 

.053 

16 

- 

17 

.057 

— 

—— 

17 

- 

18 

— 

.057 

.054 

.055 

20 

- 

21 

.056 

—  — 

—  — 

21 

- 

22 

— 

.056 

.055 

.055 

25 

- 

26 

— 

.067 

.056 

.054 

29 

— 

30 

-  - 

,061 

.055 

.055 

Skin  thickness  in  inches 

Average  of  all  measurements  =  0.0561  inch 


TABLE  XXIV 

WEIGHT  ANALYSIS  OF  REPRESENTATIVE 
FUSELAGE  COMPONENT 

Item 

Weight  (lb) 

Thorne I  Composite  Structure 

16.12 

Skin  9.12 

Stringers  (31)  5.21 

Ring  Stiffeners  (4)  1.79 

Aluminum  Ring  Segments  (16) 

12.10 

Outer  Glass-Reinforced  Plastic 

Buildup 

2.50 

Inner  Glass-Reinforced  Plastic 

Buildup 

17 . 74 

Fairing  Material 

1.95 

Metal  Fasteners 

6.96 

Assembled  Fuselage  Component 

57.37 
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SECTION  VI 


FUSELAGE  COMPONENT  INSPECTION 


The  fuselage  component  was  given  a  brief  visual  inspection 
at  Bell  Aerosystems  at  the  time  of  delivei-y  from  Union  Carbide, 
Januarv  3,  1969.  The  inspection  consisted  of  oveiall  observa¬ 
tions  to  note  any  major  discrepancies  which  might  have  occurred 
during  handling  and  shipment.  None  were  observed. 

The  component  was  stored  at  Bell  in  its  shipping  container 
until  end-ring  drilling  operations  were  started  on  January  13. 
Drilling  was  completed  on  January  28  and,  at  this  time,  small 
areas  of  craze-cracking  were  noted  on  the  outer  skin  surface. 

On  this  same  date,  the  component  was  moved  to  the  ins trumenta- 
tion  area  for  strain  gaging.  In  view  of  the  observed  surface 
defects,  it  was  decided  to  classifv  these  discrepancies  with 
respect  to  number,  location,  and  size  by  carefully  inspecting 
all  surfaces  under  strong  lighting  and  magnifying  glasses.  This 
inspection  was  completed  on  January  29.  While  inspecting  the 
internal  surfaces,  considerable  ''tringer  unbonding,  minor  ring 
unbonding,  and  some  cracks  of  the  ring-stiffener  shear  panels 
were  observed. 

A .  Visual/Mechanical  Inspection 

(S.L.  Cross  and  D.P.  Hanley,  Bell  Aerosystems) 

visual  inspection  revealed  a  total  of  9  craze  cracks  on  the 
outer  surface  of  the  skin.  Close  inspection  of  these  cracks  with 
optical  devices  did  not  reveal  broken  fibers;  rather,  the  damage 
appeared  to  be  confined  to  resin  crazing.  However,  "quarter 
tapping"  in  the  vicinity  of  some  flaws  suggested  internal  delam¬ 
inations.  A  photograph  of  a  typical  flaw  is  shown  in  Figure  42. 
The  principal  direction  of  the  most  severe  cracks  was  parallel  to 
the  hoop  wound  fibers.  The  cracks  ranged  from  1/2  to  7/8  inch  in 
length,  with  shorter  (1/4  to  1/2  inch)  branches  extending  normal 
to  the  hoop  direction.  Several  of  the  skin  cracks  grew  during 
the  two  me  iths  after  they  were  first  detected,  either  by  extend¬ 
ing  in  length  (up  to  1 . 5  inch)  in  their  principal  direction  or  by 
branching . 


Six  of  the  nine  cracks  were  located  in  the  area  between 
stringers  18  and  22,  located  35  to  40  inches  from  the  large  end 
of  the  fuselage.  The  other  three  cracks  were  in  the  vicinity  of 
stringer  31 ,  located  27  to  30  inches  from  the  large  end. 

Stringer  debonding  was  determined  visually  and  by  inserting 
a  0.003  inch  thick  aluminum  feeler  gage  between  skin  and  string¬ 
ers.  Approximately  20%  of  the  total  length  of  all  stringer 
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flanges  was  debonded  to  the  extent  that  the  feeler  gage  could  be 
between  flanges  and  skin;  25  of  the  31  stringers  showed 
ome  degree  of  debonding.  Of  the  25  debonded  stringers,  there 

°f  debonding  in  Bay  1  (closest  to  large  diameter 

ing  in  Baya3SS  BaY  2  '  *nd  Seven  caseE  of  debond- 

U  2  5  Y  ,  .Five  stringers  were  unbonded  only  in  Bciv  1  ninp 

unbonded  only  m  Bay  2,  and  one  was  unbonded  only  in  Bay  3  Four 

stringers  were  unbonded  in  Bays  1  and  2.  one  in  ?  Y  F°  j 

Bavl  Tand3!  leaf  Partially  unbonded  in  Bays  1  and  2?  one  & 

three2bav^  3  fiVe  Yer?  St  least  PartiallY  unbonded  in  all 

^  Y  -  N°  Paftlculariy  heavy  concentration  of  debonding  in 
_.Y.g  Ven ,a?;'ea  <rould  be  noted.  The  nature  of  the  skin-to- 
stringer  debonding  is  believed  to  be  within  the  adhesive  or  at 

skin  couldTe°notldtnterfaCe''  "°  delarainati°ps  of  stringers  or 

r.  „ inspection  further  showed  vertical  cracks  in  the 
g  stiffener  shear  panels,  in  the  area  over  stri  er  22  run¬ 
ning  from  the  bottom  of  the  stringer  cutout  to  the  top  of 'the 

^he9smalTediamPt0r  de£ondin9  of  the  ring  frame  from  the  skin  at 
stringer  22  6  WaS  alS°  °bserved  in  the  general  area  of 

B .  Leak  Test 

Carbide •  Xnr 2 ZK'«Dri  H’F-  V°lk'  and  Dr’  G'B-  SPence' 

Carbide,  Dr.  K.H.  Sayers  and  D.P.  Hanley,  Bell  Aerosys terns) 

carriedfon^hfH+-^XaITl^n^i0n10f  strin9er-to-skin  debonding  was 
ned  out  with  a  helium  leak  detector,  a  method  which  is  far 

thpenSGn^ltlVe  than  thG  visual/mechanical  inspection  described  in 
the  previous  section.  The  technique  was  as  follows,  eSCri^ed  in 

to  beAtestedawMlf^Th°fahelfUm  WaS  introduced  into  the  stringer 
^tested  while  the  fuselage  was  in  the  horizontal  position 

he  probe  was  moved  slowly  along  the  stringer  flat,  and  the  sen- 

saryVltLturaUonnofr,Tent  < ?Jal%* was  adjusted  as  neces¬ 
sary.  Saturation  of  the  inside  of  the  fuselage  with  helium 

not  a  particular  problem;  in  the  beginning,  an  air  fan  was  used 
discontinued.  ^  thlS  practice  was  found  unnecessary  and 

detprtnr^n^^f  ^the  extreme  sensitivity  of  the  helium  leak 

°r.  lndicated  a  greater  degree  of  debonding  than  observed 

tests*  In  addition  to  the  already 
ldentificd  debonded  areas,  numerous  smaller  leaks  were  found  on 

to^n  iYi6VfrY  ^trin^er*  The  extent  of  debonding  (as  opposed 

leak  ra^eseaionaG-n ^  Sma11  leaks  15  not  clea^  Tbe 

U  f1  g  a1}  strln<?er  flanges  have  been  recorded  and 

fuselage  component  Wl11  ^  repeated  after  -pair  of  the 
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C.  bltrasonic  Measurements 

(C.R.  Stauffis,  Bell  Aerosys terns ) 

The  need  for  a  nondestructive  test  became  apparent  to  eval¬ 
uate  the  component  skin-to-stringer  bonds.  The  ultrasonic  immer¬ 
sion  through-transmission  method  was  the  only  known  in-house  test 
at  Bell  capable  of  evaluating  the  bonds.  However,  immersing  the 
component  would  contaminate  stringers,  the  skin,  and  the  balsa- 
core  ring  frames.  Therefore  a  contact  ultrasonic  test  capable  of 
evaluating  stringer  bonds  from  the  shell  skin  exterior  was  re¬ 
quired.  A  contact  method  was  developed  using  graphite  composite 
end- attachment  test  specimens  and  then  applied  to  the  fuselage 
component.  This  report  section  describes  the  contact  test  method 
and  highlights  results  of  the  component  examination.  Equipment 
utilized  was  as  follows: 

(a)  721  Sperry  Ref lectoscope 

(b)  10-N  Pulser  Receiver 

(c)  Fast  Transigate 

(d)  50B1265,  5  MHz,  Pitch  and  Catch  Transducer  driven  at 
2.25  MHz 

(e)  Glycerin  (Couplant) 

The  transducer  employed  was  originally  designed  for  making  thick¬ 
ness  measurements  of  steel  or  aluminum.  However,  recent  studies 
were  conducted  to  determine  discrimination  when  the  transducer  is 
over  one  composite  thickness,  two  composites  bonded  or  two  com¬ 
posites  unbonded.  Figure  43  illustrates  the  three  conditions 
evaluated . 

Figure  44  shows  a  typical  cathode,  ray  tube  presentation  of 
either  the  skin  or  unbonded  stringer-to-skin  condition.  In  either 
case  the  general  characteristics  of  the  trace  are  the  same. 

Figure  45  shows  the  response  from  a  bonded  stringer  and  skin  com¬ 
bination.  Note  the  signal  shift  to  the  right  indicating  greater 
thickness.  Advantages  of  this  method  are:  first,  the  test  is 
portable  and  secondly,  a  quantitative  determination  of  a  debond 
condition  is  obtained.  The  method  has  the  disadvantage  that  a 
defect  within  the  shell  skin  (such  as  delamination)  would  inter¬ 
fere  with  the  test. 

In  the  examination  of  the  fuselage  shell,  stringers  3,  4, 
and  5  were  evaluated  for  36.5  in.  of  their  total  length.  Areas 
of  bond  and  unbond  were  detected.  These  results  show,  as  ex¬ 
pected,  debonded  lengths  greater  than  those  determined  from  the 
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Figure  43.  Ultrasonic  Discrimination  of  Shell  Skin,  Unbonded 

or  Bonded  Stringer 
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Figure  44.  Typical  Cathode  Ray  Tube  Presentation 
of  hither  the  Snell  Skin  or  the  Unbonded 
3tringer-to  Skin  Combination . 


Fiaure  45.  Trace  of  Response  frorr  a  bonded 
Stringer  am.  Skin  in  Combination. 


toS^l'^Pe^i02-  The  ultrasonic  contact  test  method  was  used 
to  evaluate  the  fuselage  component  repair  effectiveness  norm 
completion  of  work  outlined  in  Section  VIII.  P 

D.  Acoustic  Impact  Tests 

(Personnel  from  the  AFML  and  Dr.  H.F.  Volk,  Union  Carbide) 

An  acoustic  impact  tester,  developed  by  Arvin  Cvstpms  Tnr 
cons?  ?  Z?d  f°r  flfrther  nondestructive  testing.  The  technique* 

resin  p  lnit^l  application  of  the  equipment  to  graphite  fiber 
esin  composites.  Therefore,  interpretation  of  results  reouirpi 

tZt  judgement?"  With  r6SUltS  °btained  by  °ther  techniques^ 

side  WeLe  taken  by  attaching  the  probe  to  the  out- 

i  en  ftr  nJ  “eaS  OVer  the  rin9  stiffeners  and  be- 

t  een  stringers.  The  measurements  over  the  rinq  nearest  the 

large  diameter  (Ring  No  1)  were  affected  by  thl  hlaw  fiber 

probablv  nofrelT^  ^  gaVe  high  readin9s  which  are 

measurements  w*c  /°  d?bondln9 .  Reproducibility  of  the 

ted  Rina  L  o  ?  *  u  *  ar<? 35  of  rin9  ^bonding  were  detec¬ 

ted.  Rmg  No.  2  was  debonded  in  the  vicinity  of  strinqer  22* 

ring  3  showed  debondi  ig  in  the  area  of  stringers  8  and  21  rina 
22Wand  ?r  ^f-tive  between  stringers  17  and  1 9  and  stringed 
tho  ?d  2?Z  fcoustic  impact  tests  agreed  with  and  refined 

the  results  obtained  by  visual  observations?  ring  3  could  be 

bonding.  Y  ln  the  area  where  the  acoustic  tests  showed  de- 

attachmen^nTnt tS  bbe  bond  between  the  aluminum  end 

attachment  plates  ana  the  fiberglass  buildup  were  also  performed 

and  ?tmwar?ing?  alon9  the  -tire  lircumf^n?™ 

it  was  concluded  that  the  bonding  was  sound. 

,  .  lh<Z  rustic  impact  method  was  also  used  in  spot  cheers  to 
ni?ehV?°I!dlng  between  stringers  and  skin;  this  was  accom- 

insid^of^he^useia9  the  Probe  ove?  the  stringer  flanges  on  the 
traiersino  nn  S  Tm  Th®  P°tentlaHy  simpler  technique  of 
wnr-v  ^  outside  of  the  skin  over  the  stringers  did  not 

work  well,  partly  because  the  skin  surf;  ce  was  too  rouah  and 
due  to  difficulties  in  precise  positioning  of  thTpJSS.  ?he  r?° 

fo^S-°f  the  acoust^c  impact  test  confirm  those  obtained  by  other 
.e.hnigues,  e.g.,  visual/mechanical  inspection  and  ultrasonics 
However,  tests  were  restricted  to  spot  checks  on  a  fewsSgek, 


] 

I 
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since  geometric  configuration  factors  (probe  somewhat  too  large, 
interruption  of  traverse  by  the  ring  stiffeners,  difficulties  of 
working  on  the  inside  of  the  fuselage)  made  the  method  rather 
tedious . 


SECTION  VII 


POTENTIAL  CAUSES  OF  FUSELAGE  COMPONENT  DAMAGE 


A.  Experimental  Investigation 

Pallozzi,  Dr.  G.  B.  Spence,  and  Dr.  H.  F.  Volk 
Union  Carbide)  ' 

An  experimental  investigation  was  conducted  to  deter- 

(si.of  fusela<?e  component  damage,  particularly  with 
respect  to  debondxng.  Numerous  stringer  reinforced  shear  and 
compression  panels  were  made  and  tested  prior  to  fuselace  fabri¬ 
cation,  none  of  which  had  given  any  indication  of  a  bonding  prob¬ 
lem.  Even  during  tests,  bond  failure  was  never  observed;  rather 
occurred  within  the  stringers  or  skin  panels.  The  same 
adhesive  system  (70  weight  percent  Araldite  6005  epoxy  resin  and 
30  weight  percent  (ZZLB-0325  hardener)  was  used  for  bonding  the 
s  ringers  to  the  test  panels  and  the  stringers  and  ring  stiffeners 
to  the  fuselage  component.  However,  due  to  the  size  and  com¬ 
plexity  of  the  fuselage  component,  some  details  of  the  fuselaae 
bonding  procedure  were  somewhat  different  from  those  used  for  test 

fh^e^i^hbi1Catl°n:  Pobential  failure  causes  are  also  related  to 

the  much  larger  size  of  the  fuselage  component  (which  enhances 
thermal  expansion  effects)  and  to  the  possible  mismatch  m  curva¬ 
ture  between  stringer  flanges  and  skin. 

1 •  Effects  of  Surface  Contamination 

Masking  tape  was  used  during  fuselage  fabrication  to 
"Over  the  area  between  stringers  in  order  to  expedite  subsequent 
removal  of  excess  adhesive.  After  the  tape  had  been  applied,  the 
skm  between  the  tape  strips  was  lightly  sanded,  vacuumed,  and 
cleaned  by  wiping  with  ethyl  alcohol.  Thus,  the  surface  could 
have  been  contaminated  by  an  alcohol  soluble  constituent  in  the 
masking  tape.  To  test  this  theory,  short  (one-inch  long)  pieces 
of  stringer  were  bonded  to  flat  plates  by  a  procedure  thatdu- 

USS  °f  maskl^g  tape  and  by  a  control  procedure  in 
hich  the  tape  was  omitted.  After  bonding  and  curing  (cure  cvcle- 
four  hours  at  room  temperature,  six  hours  at  60°C)  the  top  (hat) 
o  the  stringer.'  was  cut  off  and  the  remaining  (L-shaped)  sections 
E”  ^ted  sh®ar-  strength  values  Obtained  on  stingers 

b°£ded  by, usln<?  the  taP«  procedure  were  1452,  1054,  2370,  and  9 
aVg’/  1684  psi);  the  control  sample  gave  values  of  1875 

with^n6?hpS1*-  *V9‘  1720  ?Sl)  ‘  Faiiure  occurred  in  all  samples 
within  the  stringer  or  skm  material,  not  at  the  bond.  Contamina- 

failure°mechanism^ln9  ^  thSref°re'  ™led  “  *  P°-ible 

the  two-part^dhesive^ysten^was^lso^suspected'^as^a^possible11'9 
contaminant.  Although  Dixie  cups  had  been  used  throughout  the 


-114- 


entire  program,  the  adhesive  may  have  remained  in  the  cups  for  a 
longer  time  period  during  fuselage  bonding,  thus  increasing  the 
chance  of  contamination.  Shear  tests  performed  on  stringers 
bonded  with  adhesive  that  had  been  stored  in  the  cups  for  1-1/2 
hours  gave  values  of  1330,  1910,  1570,  and  1280  psi  (avg.  1520  psi) ; 
failure  again  occurred  within  the  composite  rather  than  in  the 
bond  line.  Moreover,  the  shear  values  obtained  with  the  aged 
adhesive  were  reasonably  close  to  the  control  values  of  the  pre¬ 
vious  (masking  tape)  test  in  which  fresh  adhesive  had  been  used. 
Contamination  from  the  Dixie  cups  was,  therefore,  also  ruled  out 
as  a  failure  cause. 

2.  Effect  of  Bond  Line  Thickness 


The  stringers  used  for  the  fuselage  component  had  curved 
flanges  which  approximated  the  radius  of  the  shell.  However,  due 
to  the  tapered  cross  section  of  the  shell,  the  radii  of  curvature 
matched  exactly  only  at  a  point  approximately  14  inches  (approxi¬ 
mately  1/3  of  the  total  length  of  the  component)  from  the  large 
diameter  end.  The  mismatch  in  curvature  at  any  other  point  along 
the  stringer  length  made  it  impossible  to  maintain  a  constant  glue¬ 
line  thickness,  although  the  differences  are  quite  small  (approxi¬ 
mately  0.001  inch  at  the  small  end,  where  the  effect  is  greatest). 
Moreover,  the  steel  fixture  employed  for  pressurizing  the  stringers 
during  the  cure  cycle  permitted  only  poor  control  over  the  bond¬ 
line  thickness.  Experiments  were,  therefore,  performed  to  determine 
the  effect  of  glue-line  thickness  on  the  shear  strength  of  the 
stringer-to-skin  bond.  Specimens  with  minimum  (approximately  0.0C1 
inch)  and  with  0.003-  and  0.010-inch  thick  bond  lines  were  tested. 
Further  tests  were  performed  on  curved  stringers  bonded  to  flat 
plates.  The  results,  shown  in  Table  XXV,  indicated  superior  per¬ 
formance  when  a  bond  approximately  0.003-inch  thick  was  employed. 

TABLE  XXV 

EFFECT  OF  BOND  LINE  THICKNESS  ON  SHEAR  STRENGTH 
OF  STRINGER  TO  SKIN  BOND 


Flange 

Shape 

Bond  Line  Thickness 
(in. ) 

Shear  Strength 
(psi) 

Flat 

minimum 

1320 

Flat 

minimum 

1760 

Flat 

0.003 

2140 

Flat 

0.010 

1240 

Flat 

0.010 

1760 

Curved 

minimum 

1550 

Curved 

minimum 

2120 

Curved 

0.003 

3040 

Curved 

0.010 

2470 

Curved 

0.010 

1330 
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However,  even  the  thinnest  and  thickest  hnn^Q  >  . j  , 

well  over  1000  psi;  moreover,  faiiSres  in  the  stear ”"?til8 

occurred  within  the  composite  For  ?hese  reLons  it  L  unfitly 

nent  d?^?0"3  “  Une  CaUsed  the  'observed"^ 

3 ■  Influence  of  Cure  Temperature  on  Properties  of  Adhesive 

rication  of^the  ®tages  °f  cYre  temperatures  were  used  during  fab- 
ri cation  of  the  representative  fuselacre  conDonPnf  tt  ■ 

were  cured  at  70°C  during  the  bond  cycle  ~  strin9ers 

bonded  in  sets  of  four  those  q+T-inorLc  inuGjthe  strin9ers  wer< 

were  exposed  to  the  first  cure  cycle  several timfs  flrSl 

was  then  subjected  to  another  cure  cycle  at  100 °C  fn-r^  ^omponent 
the  rma  stiffpnprc  _•••<  ,,  Y  ■  e  at  100  C  for  bonding  of 

at  130  °r  /t-wnf!  pJnallY'  the  component  was  heated  four  times 

ar  iju  c  (two  to  three  hours  each  time)  tn  hnna  *  u  -i  imes 

ring  segments  which  form  a  part  of  the  end  atta~hme  LbeJ;9lass 

S3S: 

and  130°C,  respectively?  The  tls?  arf a  SLS1X  ^  3t  6°°'  100”' 
a  bond  line  thickness  of  three  Mis  au  =  one_ln=h  square,  with 

a  narrow  load  ranging  from  1320  to  1380  lbf  F?rthl?  tests'*  Withln 
performed  to  determine  the  influence  of  cu?e  teml»r  1  W?re 

mechanical  properties  of  the  adhS  e  esTsv  S  C  the 

were  cured  for  four  hrmrc  =+.  ,  bin  system.  Cast  bars 

samP?erwere0hea?e'daitUtheWMehC0nSiderab3y  ^diced^ef  thfd 

was  particularly  disturbing  in  vie^of  theP?e?yUUqh  the13  ?ffeCt 

°Lth 

?hL  ?e?son?SthermlSstresseshin°thfbnddn9  WaS 

to  be  the  principal  cause  of  component  damage?  001  considered 
4*  Thermal  Expansion  of  Component  Parts 

composites  is  s tronglyedependenf °f  g^ph^t^"fiber '  resin-matrix 
functional  part  (skin  strinaer  r?n  lber  laY“uP  pattern.  Each 
component  utilizes  dif ferent9fiber  if  shear  panel)  of  the  fuselage 

mismatch  in  thermal  expansion  will  give^ise^rther ?  ^suiting 
upon  cooling  from  the  cure  temperature  Jk  thermal  stresses 

*“U“  *"* 
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serious  (a  more  comprehensive  mathematical  treatment  is  given  in 
Section  VII  B  on  Analytical  Studies).  Nevertheless,  in  view  of 
the  observed  stringer-to-skin  debonding,  the  thermal  expansion  co¬ 
efficients  of  the  stringers  and  the  skin  were  redetermined.  All 
measurements  were  carried  out  over  the  range  from  room  temperature 
to  100 °C  in  a  dilatometer  by  using  a  traveling  microscope.  The 
results  are  presented  in  Table  XXVII. 

TABLE  XXVI 


MECHANICAL  PROPERTIES  OF  ADHESIVE  RESIN  SYSTEM 


Max 
Cure 
Temp . 
(°C) 

Density 

(g/cc) 

Young’s 
Modulus 
(10s  psi) 

Shear 
Modulus 
(10s  ps i ) 

Tensile 
Modulus 
(10s  psi ) 

Tensile 
Strength 
(10s  psi) 

Elong.  to 
Failure 
(*) 

CTE" 

(10~‘/°C 

60° 

1.121 

0.441 

0.425 

0.169 

0.411 

8.76 

3.57 

100° 

1.115 

0.397 

0.387 

0.154 

0.156 

0.348 

6.90 

2.75 

101 

130° 

1.115 

0.396 

0.386 

0.156 

0.153 

0.338 

5.57 

1.97 

100 

"Coefficient  of  Thermal  Expansion 


TABLE  XXVII 

THERMAL  EXPANSION  COEFFICIENTS  OF  VARIOUS  COMPONENT  PARTS 


Coefficient 

Expansion 

of  Thermal 
(io-6/°c) 

Part 

Fiber  Lay-Up 

0°  Direction 

90°  Direction 

Skin 

90,  ±15,  90° 

1.9 

1.7 

Stringer 

±10° 

-1.8 

43.7 

5 .  Other  Potential  Causes  of  Component  Damage 


The  experiments  discussed  in  the  foregoing  paragraphs 
identified  thermal  stresses  in  the  bond  line  and  thermal  degrada¬ 
tion  of  the  adhesive  as  factors  which  could  have  contributed  to 
component  damage.  However,  these  conditions  also  applied  for  test 
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panels  in  which  debonding  did  not  occur.  The  greater  length  of 
the  component  (48  inches  vs  8  to  16  inches  for  test  panels)  may 
have  aggravated  the  situation.  The  extent  of  debonding,  however, 
indicates  that  other  causes  must  have  contributed  to  the  problem. 

As  mentioned  before,  all  procedural  aspects  unique  to  component 
fabrication  are  suspect;  the  steel  bonding  fixture,  in  particular 
may  have  caused  problems.  This  fixture,  was  described  in  Section 'v 
and  was  shown  m  Figure  35  .  Thermal  expansion  of  the  V-shaped 
metal  framework  during  the  cure  cycle  may  have  raised  the  pres¬ 
sure  bars ,  in  effect  relieving  the  pressure  on  the  strinqers 
during  curing.  Since  the  pressure  bars  were  pushing  against 
the  stringer  flanges,  pressure  relief  may  also  have  caused  a 

Llateral  motion  of  the  stringer  flanges  at  a  time  when 
the  adhesive  was  not  yet  fully  cured.  Another  possibility  that 

""  b(f  completely  ruled  out  concerns  the  entrapment  rf  air 
bubbles  m  the  bond  line. 


B .  Analytical  Studies 

(Dr.  K.  H.  Sayers  and  S.  L.  Cross,  Bell  Aerosystems) 

Thermal  stresses  and  stresses  due  to  radius  of  curva¬ 
ture  mismatches  between  stringers  and  the  shell  skin  were  sus¬ 
pected  as  possible  causes  of  the  debonding  in  the  fuselage  compo 
nent.  Since  each  part  of  the  shell  (skin,  stringers,  rings,  and 
end  attachment  buildups)  is  fabricated  separately  at  elevated 
temperature,  each  part  will  suffer  local  thermal  stresses  when 
cooled  to  ambient  temperature.  Subsequent  bonding  operations  in 
the  shell  assembly  are  also  performed  at  elevated  temperatures, 
giving  rise  to  additional  stresses  because  of  differences  in 
expansion  coefficients.  Obviously,  in  the  fuselage  shell,  the 
complete  thermal  or  residual  stress  pattern  is  very  complex. 

This  report  section  presents  the  analyses  and  assumptions  made 
to  assess  the  influence  of  fabrication  stresses. 

1.  Thermal  Stresses 


1968  Whpn  Ihf  Problem  of  thermal  stresses  was  recognized  in  mitf- 
k9  the  mOS^  significant  effect  was  judged  to  be  that  of 

w  bonding.  Since  the  stress  levels  were  relatively 

low,  this  work  was  not  reported  earlier.  An  analysis  of  the  lastY 
compression  panel  tested  (SP-50-1,  Section  IX  G  of  Reference  3) 
was  made  because  shell  measurements  were  not  then  available.  The 
!^eLWclS  fabricated  with  the  same  materials  (treated  "Thornel"  50) 
anu  the  same  layup  patterns  as  the  shell.  The  thicknesses  and 
fiber  contents,  however,  were  somewhat  different.  Nominal  prop- 

_  °f  ^he  panel  ana  fuselage  shell  are  given  in  Table  XXVIII, 

and  thermax  property  data  are  given  in  Table  XXIX. 
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TABLE  XXVI II 


COMPRESSION  PANEL  AND  FUSELAGE  COMPONENT  PROPERTIES 


Panel 

Shell 

Fiber 
Vol . 
Content 

Layup  (%) 

Thickness 
(in. ) 

Fiber 
Vol. 
Content 
Layup  {%) 

Thicknesd 
(in. ) 

Skin 

90,±15,90°  53. 0% 

0.035 

90,115,90°  ^35 

0.056 

Stringers 

±10, *10°  50.3 

0.038 

±10,  *10°  052.5 

0.038 

TABLE  XXIX 


THERMAL 

PROPERTY 

DATA 

aFiber  "1*01  x 

“Matrix  =  77,0  x 

10“6/°C 

10_6/°C 

(Table 

(Table 

XXIX,  Reference  2) 
XXXIII,  Reference  2) 

Bonding  Temperature  =  160°C  (Table  XXXIV,  Reference  2) 
Ambient  Temperature  =  20°C 


Note:  a  =  Coefficient  of  Thermal  Expansion 

In  Table  XXX,  the ^stresses  in  the  1-direction  of  the 
skin  and  stringer  plies  are  small  and  compressive.  The  stringer 
ply  shear  stresses  are  approximately  15-20  percent  of  the  ply 
shear  strength.  Transverse  stresses  in  the  2-direction  of  the 
skin  plies  are  tensile  stresses  of  magnitudes  greater  than  the 
estimated  transverse  strength.  The  transverse  stresses  were 
originally  discounted  for  several  reasons:  (1)  no  damage  was 
observed  in  the  skin  panels  after  fabrication,  (2)  it  is  not 
known  when  the  composite  becomes  a  structure  during  cure  and  what 
creep  and  relaxation  effect  occur,  and  (3)  applicability  of  the 
Grezczuk  thermoelastic  theory  is  questionable  in  regard  to  fiber 
anisotropy.  There  is  more  recent  evidence,  however,  that  trans¬ 
verse  stresses  are  in  fact  a  problem  since  cracks  were  observed 
in  the  component  skin.  Also,  dye  penetrant  and  permeation  tests 
have  shown  that  resin  cracking  can  occur  in  cured,  cross-plied 
laminates . 


From  the  total  composite  strains  and  the  known  applied 
temperature  change,  the  overall  composite  expansion  coefficients 
were  computed.  Measurement  of  these  coefficients  were  obtained 
jY-.^nion  Cafk±de  f°r  plates  having  the  same  layups  but  somewhat 
different  fiber  contents  and  thicknesses.  The  data  are  compared 
in  Table  XXXI. 
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TABLE  XXX 

PLY  THERMAL  STRESSES  DUE  TO  FABRICATION 


Layer 

o  i 

a  2 

Ti  2 

Skin  90° 

-4410 

5090 

0 

15 

-5820 

5140 

-15 

-15 

-5820 

5140 

15 

90 

-4410 

5090 

0 

Stringers  10° 

-  3^5 

343 

948 

-10 

-  345 

343 

-948 

-10 

-  3^5 

343 

-948 

10 

-  345 

343 

948 

Notes:  (a)  1-direction  is  parallel  to  fibers. 


2-direction  is  transverse. 

(b)  Twisting  displacements  were  restrained  for  the 
skin;  stresses  in  psi. 

TABLE  XXXI 

THERMAL  EXPANSION  COEFFICIENTS 


a  a  a 

Skin  — Z— 


Computed 

1.80 

-1.39 

0 

Measured 

1.87 

1.66 

- 

Stringers 

Computed 

-1.05 

33.9 

0 

Measured 

-1.73 

43.8 

- 

Adhesive 

Measured 

100 

100 

- 

Notes:  (a)  x — direction  is  0° 

y — direction  is  90° 

(b)  Units  are  10“6/°C 
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The  effects  of  bonding  the  skin  to  the  stringers  were 
estimated  by  treating  the  stiffened  panel  assembly  as  a  long  beam 
subjected  to  a  uniform  temperature  change.  Computed  elastic  con¬ 
stants  were  employed  for  the  skin  and  stringers.  Adhesive  modu¬ 
lus  was  taken  as  0.41  x  10 6  psi  (Table  XXVI).  Bonding  temperature 
was  100°C ,  and  22°C  ambient  temperature  was  assumed.  The  maximum 
predicted  axial  thermal  stresses  after  cool-down  were: 

Skin:  a  =  +2500  psi; 

X 

Stringer  (Cap):  a  =  -4160  psi;  and 

Adhesive:  a  =  +3240  psi. 

X 

Although  the  expansion  coefficients  of  the  skin  and 
stringers  given  in  Table  XXXI  have  opposite  signs,  their  low 
absolute  values  cause  the  resulting  thermal  stresses  in  these 
elements  to  be  low.  Bond  stresses  are  high  compared  with  the 
adhesive  strength  (approximately  5600  psi,  Table  XXVI).  Local 
transverse  stresses  will  also  be  present  under  the  stringer  flats; 
the  adhesive  stress  in  the  transverse  direction  was  found  to  be 
equal  (approximately  3000  psi)  to  the  axial  adhesive  stress. 

The  thermal  stress  effects  do  not  appear  to  be  severe 
enough  in  themselves  to  cause  the  stringer-to-skin  debonding. 
However,  stresses  in  the  adhesive  represent  a  substantial  fraction 
of  the  adhesive  strength.  Other  factors  probably  contributed  to 
the  debonding,  since  no  thermal  stress  damage  was  observed  in  any 
of  the  test  panels.  Predicted  transverse  stresses  due  to  skin 
fabrication  appear  significant  and  may  be  relate 1  to  the  observed 
skin  cracks.  Computed  expansion  coefficients  were  found  to  be  in 
reasonable  agreement  with  measurements.  Stresses  caused  by  skin- 
to-stringer  bonding  were  found  to  be  low,  except  in  the  adhesive 
itself . 


In  certain  other  laminates  and  structural  assemblies, 
thermal  stresses  may  be  very  significant  because  of  differences 
in  expansion  coefficients.  Further  correlation  work  and  work 
on  bonding  techniques  designed  to  reduce  thermal  stresses  are 
needed. 

2 .  Stringer/Skin  Radius  of  Curvature  Mismatch 

The  stringers  in  the  fuselage  shell  were  designed  with 
a  flange  radius  of  curvature  equal  to  that  of  the  shell  interior 
radius  midway  between  ring  Frames  1  and  2  (see  Figure  46) .  There 
were  two  reasons  for  having  selected  this  condition:  (1)  the 
large  end  of  the  shell  would  be  critical  in  the  final  (destruct) 
test  and  it  was  desired  that  the  best  fit  be  at  this  end;  and, 

(2)  the  stringers  could  be  machined  with  only  a  single  radius  of 
curvature  along  their  lengths ,  precluding  an  exact  fit  at  all 
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Stringer  Flange  Curvature  Matches  Shell  at  this  Section 


stations.  Consequently,  a  mismatch  occurs  in  radii  of  curvature 
of  the  stringers  flats  and  the  shell  I.D.  at  either  end  of  the 
component.  Figure  47  shows  the  geometrical  mismatches  at  both 
ends  of  the  shell.  Thermal  expansion  and/or  distortions  of  the 
stringers  were  thought  to  be  small  and  were  not  included  in  the  mis¬ 
match  calculations. 

The  primary  intent  of  this  study  was  to  assess  the 
magnitude  of  peeling  stresses -in  idle  adhesive  between  stringers 
and  skin  due  to  the  mismatch  conditions.  Maximum  mismatches  were 
calculated  to  be  0.0003  in.  at  the  large  end  of  the  shell  and 
0.0009  in.  at  the  small  end.  The  stringer  flat  was  assumed  to 
be  a  cantilever,  and  the  peel  stresses  due  to  a  distributed  trans¬ 
verse  load  or  bending  moment  were  determined  for  the  more  severe 
0.0009  in.  displacement  produced  by  the  bond  tooling  shown  in 
Figure  35.  A  bond  peel  load  cf  0.434  lb/in.  and  a  bending  moment 
of  0.149  lb/in.  were  calculated.*  Respective  estimated  ultimate 
strengths  were  15-20  lb/in.  or  17-22  in. lb/in.  (Section  III  C-3 
and  also  Reference  7) .  Thus  the  peel  loads  due  to  curvature  mis¬ 
match  are  small  and  do  not  seem  likely  to  have  contributed  sig¬ 
nificantly  to  stringer  debonding  from  the  shell. 


*These  values  are  on  the  "high  side"  because  of  additional 
flexibility  in  the  stringer  fillet  which  was  ignored  in 
calculation . 
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Large  End  Small  End 


Distributed  Transverse  Load 
P  =  3E2I6L3 

E2  =  1.18  x  106  psi 

I/b  =  1 3/12  =  (0. 04C)S/12  -  5.33  x  10-6  in.3 
4  »  0.0009  in. 

L  =  0.34  in. 

P  =  0.434  lb/in. 

Distributed  Bending  Moment 
M  =  3E2  16 /bL2 

=  O.ldg  in. lb/in. 

Bending  Stress 
ab  =  6M/t2 
=  550  psi 

Figure  47.  Stringer/Skin  Mismatch. 
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SECTION  VIII 


REPAIR  OF  FUSELAGE  COMPONENT 

(A.  A.  Pallozzi,  Dr.  G.  B.  Spence,  and  Dr.  H.  F.  Volk 

Union  Carbide) 


-  i  Repair  of  the  observed  defects  in  the  representative 
fuselage  component  was  successfully  accomplished.  The  repair 
procedures  were  established  by  Union  Carbide  Corporation  in 
close  consultation  and  cooperation  with  Bell  Aerosystems 
Company.  Since  thermal  stresses  probably  contributed  to  the 
debonding  problem,  only  room  temperature  curing  adhesives 
were  used  for  the  repair  work.  The  stringers  were  rebonded 
to  the  skin  by  inserting  tubular  perforated  bladders  into  the 
stringers  cavities,  filling  the  bladder  with  adhesive,  and 
pressurizing  to  force  the  resin  to  flow  into  the  debonded  areas 
The  ring  stiffeners  were  rebonded  to  the  fuselage  shell  by 
draping  fiberglass  tape  prepregged  with  adhesive  over  the  rinq 
stiffeners,  and  the  craze  cracks  in  the  skin  were  covered  with 
a  layer  of  prepregged  fiberglass  tape. 


A. 


EvaJ-uation  of  Adhesives  and  of  Repair  Procedures 


Thefe  waa  no  known  Prior  art  for  adhesive  rebonding 
of  fiber  reinforced  plastic  hat-section  stringers  to  a  fibe^ 
reinforced  plastic  shell  structure.  Experiments  were  performed 
to  verify  the  validity  and  practicalityof  the  propped  repair 

t-h^hnlqUeS '  t0  Select  the  ProPer  adhesive  systems,  and  to  gain 
the  necessary  experimental  expertise.  y 

i •  Evaluation  of  Adhesive  Systems 

.  ,  -Two  tyPfs  of  room  temperature  curing  adhesive  were 

required  for  repair:  a  low  viscosity  resin  for  stringer-to- 

2^rr?bonding  and  a  more  viscous  adhesive  for  prepregging  the 
fibergiess  tapes.  Further  desirable  characteristics  for  ?he 

shear1strenathdSd  el?ngation  to  failure,  good  peel  and 

ear  strength,  and  a  useful  working  life  of  at  least  90  minutes 

^nHS99^/Uirem*ntf  W?re  met  by  Scotch-Weld  adhesives  2216/clear 
.  ..  216/f  ay-  Botl?  materials  are  urethane  modified  epoxies 

with  similar  properties  in  the  cured  state  (30  day  cure* at 

vi^o^PG^atUr^'  bUt  the  Clear  adh^ive  has  a  much  lower 
viscosity  than  the  gray  adhesive. 

Shear  strength  measurements  were  carried  out  to  evalu- 

hesivee2^f/Th  °f  2“  bond  obtainable  w^Id-1” 

hesive  2216/clear.  Tne  shear  test  samples  consisted  of  0  9-inch- 

long  sections  of  stringers  bonded  to  a  flat  panel.  The  Wringer 
Products  of  3M  Company . 
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SPhrLf"t^1°ngitUfi?ally  t0  allow  eaoh  stringer  flange  section 
to  be  tested  separately.  The  load  was  applied  to  the  edge  of 

f la"9e  ™ile  the  flat  plate  was  supported  and 
igidly  held.  The  shear  strength  was  calculated  by  dividing 
the  faiiure  load  by  the  bond  area.  Bond  line  thickness  was 
3  mil,  and  the  adhesive  was  cured  for  various  periods  of  time 

aftlr  !u?inoSfor  ?L2hPSi>  The  shear  strength  values  obtained 
after  curing  for  140  hours  were  judged  quite  satisfactory;  it 

was  also  found  that  the  bond  obtained  after  20  hours  curing 

sStsW»r»S?fffCae"t1^  ^r°ng  for  hailing.  The  numerical  re- 
suits  are  listed  in  Table  XXXII. 


TABLE  XXXII 


SHEAR  STRENGTH  OF  STRINGER/SKIN  BOND 
(ADHESIVE:  SCOTCH-WELD  2216/CLEAR) 


Sample 

No. 

Adhesive  Cure 
TIme( 1 ) 

(hrs) 

Bond 

Area 

(in.*) 

Load 

(lb) 

Shear 

Strength 

(psi) 

29 

20 

.304 

433 

1420 

29 

20 

.283 

300 

1060 

30 

20 

.273 

248 

910 

30 

20 

.278 

350 

1260 

31 

44 

.298 

562 

1880 

31 

44 

.284 

452 

1590 

32 

44 

.298 

370 

124o 

32 

44 

.277 

500 

1810 

33 

140 

.267 

522 

I960 

33 

140 

.253 

440 

1740 

31* 

140 

.251 

630 

2510 

34 

140 

.248 

732 

2950 

(MAll  samples  cured  at 

room  temperatures 

under 

2  psi  pressure. 

Similar  shear  strength  measurements  were  carried  out 
on  samples  where  the  adhering  surfaces  had  been  pre-coated  with 
tne  original  adnes  ve  prior  to  bonding  with  Scotch-Weld  2216/ 

°1®ar.12  order  to  duplicate  the  condition  which  existed  in  the 
debonded  areas  of  the  component.  The  bond  strengths  obtained 
under  this  condition  (see  Table  XXXIII)  were  again  found  to  be 


-126- 


4 

satisfactory,  particularly  when  a  post-cure  at  a  sliqhtlv 
elevated  temperature  (50 °C)  was  applied.  Thus,  it  was  decider? 
not  to  remove  the  old  adhesive  from  the  debonded  areas  of  the 
component,  an  attempt  which  would  have  been  difficult  at  best. 


TABLE  XXXIII 

^JLlT?nENGTH  0F  stringer/skin  bond  (adhesive 

2216/CLEAR,  BONDED  AREAS  PRE-COATED  WITH  CURED 
_ ARALDITE  6005/ZZLB-0325  ADHESIVE 


Adhesive  Cure  Bond 
Sample  Timet1)  Area  Load 

No-  (hrs )  (In.2)  (lb) 


Shear 

Strength 

(psl) 


22(  2 ) 
22  ( 2 ) 

22(  2 ) 
22  ( 2  ) 

168 

168 

146(3) 
146 ( 3 ) 

1 46 ( 3 ) 
146(3) 


.307 

.290 

.293 

.305 

.275 

.258 

.260 

.290 

.270 

.255 

.  266 
.270 

.265 

.267 

.275 

.280 

.291 

.286 


318 

330 

348 

318 


(^Samples  cured 

( 2 )  Additional  24 

( 3 )  Additional  90 


at  room  temperature  under  2 
hrs  cure  at  zero  pressure . 
hrs  cure  at  zero  pressure . 


1250 

1400 

1080 

1080 

1260 

1230 

980 

680 

1310 

540 

1100 

1090 

1940 

1740 

1920 

1740 

2710 

2590 

psi  pressure. 
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Adhesive  2216/clear  was  also  evaluated  in  lap  shear 
Peel  tests  on  specimens  prepared  according  to  ASTM 
methods  D  1002-64  and  D  1876-61  T,  respectively.  The  influ¬ 
ence  of  the  strain  rate  upon  lap  shear  strength  (one-inch  wide 
aluminum  adherends)  is  presented  in  Table  XXXIV.  The  observed 
strain  rate  dependency ,  also  reported  by  other  investigators ,( 8 
is  a  characteristic  a  flexible  adhesive.  y  1 


TABLE  XXXIV 

INFLUENCE  OF  STRAIN  RATE  UFON  LAP  SHEAR 
STRENGTH  OF  SCOTCH-WELD  2216/CLEAR 


Specimen 

No. 

Cure  Schedule 

Bond 

Area 

(in.2) 

Breaking 

Force 

(lb) 

Strain 

Rate 

(in. /min) 

Lap  Shear 
Strength 
(psi) 

Load 

Rate 

(psi/min) 

I 

J 

Room  Temp .  Cure 
120  hrs  g  2  psi 
bonding  pressure 

0.518 

0.510 

509 

4oo 

0.002 

0.002 

980 

780 

25.5 

20.0 

A 

B 

Room  Temp .  Cure 

92  hrs  g  2  psi 

0.525 

0.525 

852 

910 

0.05 

0.05 

1620 

1730 

860 

990 

C 

D 

Room  Temp .  Cure 

92  hrs  g  2  psi 

0.505 

0.510 

1010 

1018 

2 

2 

2000 

2000 

16,000 

25,400 

in  Table  xxxv. stren^h  of  adhesive  2216/clear  is  listed 
in  Table  XXXV,  for  comparison,  the  peel  strength  (as  a  function 

t®J"Pe^atu^e)  of  the  adhesive  originally  used  for  as- 

Title  MCXV^  Sh*  a9!  (AFald{-te  6005/ZZLB-0325)  is  listed  in 

Deel  strength  JltJt  °learly  show  the  dramatic  increase  in 
peel  strength  resulting  from  use  of  adhesive  2216/clear. 


TABLE  XXXV 

EFFECT  OF  CURE  SCHEDULE  UPON  PEEL  STRENGTH 
OF  SCOTCH-WELD  2216/CLEAR 


Cure  Schedule 

Peel  Strength 

Room  Temperatures 

°0  hrs  @  2  psi 

7.6  lb/in. 

Room  Temperatures 

20  hrs  8  2  psi 

8.9 

Room  Temperatures 

44  hrs  8  2  psi 

7.3 

Room  Temperatures 

44  hrs  8  2  psi 

5.0 

Room  Temperatures 

120  hrs  8  2  psi 

10.6 

Room  Temperatures 

120  hrs  6  2  psi 

10.3 
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TABLE  XXXVI 

EFFECT  OF  CURE  TEMPERATURE  UPON  PEEL  STRENGTH 
OF  ADHESIVE  6005/0325 


_ _ Cure  Schedule _ 

Room  Temperatures  18  hrs  +  4  hrs  g  60°  C 

Room  Temperatures  18  hrs  +  4  hrs  g  60°  C 

Room  Temperatures  21  hrs  +  4  hrs  g  100°  C 

Room  Temperatures  24  hrs  +  4  hrs  g  130°  C 

Room  Temperatures  24  hrs  +  4  hrs  g  130°  C 


Peel  Strength 
2.6  lb/In. 
2.1 
1.8 

1.3 

1.4 


2.  Evaluation  of  Repair  Procedures 

The  stringers  were  to  be  rebonded  to  the  skin  by 
forcing  the  adhesive  to  flow  through  perforated  bladders  (con¬ 
tained  within  the  stringer  cavity)  into  the  debonded  areas.  The 
cross-sectional  shape  of  these  bladders  (tubes)  was  to  conform 
closely  to  that  of  the  stringer;  thus,  removal  of  the  resin 
filled  tube  after  rebonding  would  leave  little  excess  adhesive 
in  the  stringer  cavity.  Various  materials,  including  nylon  and 
Teflon,  were  investigated  for  use  as  bladders.  Polyethylene 
(Scotchtite  3025-080*)  was  finally  selected  because  it  is  non¬ 
reactive  with  epoxies  and  because  it  could  be  heat-shrunk  over 
a  mandrel,  a  characteristic  which  facilitated  the  fabrication 
of  bladders  with  the  proper  cross-sectional  shape.  Practice 
bonding  experiments  were  conducted  by  using  both  aluminum 
stringers  and  some  of  the  14  stringers  left  over  from  the  fuse¬ 
lage  fabrication.  These  stringers  were  bonded  to  a  full-size 
aluminum  mock-up  of  the  fuselage  shell.  In  some  practice  runs, 
the  stringers  were  simply  clamped  to  the  shell  by  using  3-mil 
steel  wire  to  provide  the  necessary  gaps.  In  other  practice 
experiments,  the  stringers  were  pre-bonded  to  the  shell  with 
large  gaps  in  the  bond  area  to  simulate  the  condition  of  the 
component.  These  practice  experiments  establish  the  feasi¬ 
bility  of  the  repair  method.  A  pressure  of  3  psi  was  found  to 
be  sufficient  to  force  the  adhesive  (2216/clear)  into  all  de¬ 
bonded  areas.  The  experiments  also  provided  confidence  that 
rebonding  of  each  stringer  could  be  accomplished  within  30-45 
minutes,  well  within  the  90  minutes  working  life  of  the  adhe¬ 
sive. 


*Product  of  3M  Company . 
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cavity  required  cut-outs °inath^bfiberqlassee  int°  th®  stringer 
each  end  of  the  component,  and  there  w L  L  d  attachments  on 
cut-outs  could  affect  the  load  transfer  intT  thdt  theSe 

sequently,  appropriate  cut-outs  were  machined  in to^he^^*  C°n“ 
glass  end  attachments  of  the  laraer  of  t  the  flber~ 

attachment  compression  panel  rln1  ,-bG  bwo  halves  of  the  end 
in  Section  IV  ol  th^s  report  re“^nan9  from  the  test  described 

potted,  and  the  specimen^as  ’  tested  aaain  °f  thls.Panel  was 
gage  readings  and  failure  levof  ^L^  i  “  comPression .  Strain 

in  the  previous  compression  test  at^Bell  ^thu-"71^  th°SG  °bbained 
that  the  end-attachment  ent  onf  in  1 '  thu° '  was  concluded 
proper  loadinf of  thf"™!!  interfe~  rfith 

to  rebond  the  ringltif fenersHthlff*9}388  shear  cliPs  used 
investigated.  Balsa  corf  If  ,  6  fusela?e  shell  was  also 

wide,  were  bonded  to  flat  graphite”1??! '  1  inch  lon9  x  1/2  inch 
tested  in  tension  S«e  hi  fiber  oomP°sita  plates  and 

only  with  glals  cloth  «tr?®=  elements  were  bonded  to  the  plate 
sive  2216/gray.  These  Wlth  Scotch-Weld  adhe- 

the  flat  Plate  on  eitoer  side  o?  therT  eX^ended  0  •  75  inch  onto 
bonding  procedure  was  essential!  ??e,  hear  eam  element'-  the 
under  repair  of  the  fuselage  componeft33”®,?!*11^  outlined  iater 
for  one  week  before  testina  and  a.Th  sPecimens  w-re  cured 

Of  110  lbs.  A  second  sei  ot  hfi  !  at  an  average  tensile  load 
plates  with  Araldite  6005/ZZLB-0325  e“?"ts  "as . bonded  to  the  flat 
in  the  fabrication  of  the  component  Ifsf  ^  ori5inaHy  used 
average  tensile  load  of  150  lbs  a'th?  a  specimens  failed  at  an 
bonded  using  both  fiberqlass  strips  fH  S?j.of  beam  elements  was 
these  samples  failed  at^  average  load  ^  500VZZLB-0325 ; 

primary  function  of  the  ring  stiffeners  f25  lbS ’  Slnce  the 
the  component,  the  rinq-to-Ikin  If?  ?  ls  to  prevent  ovalling  of 

the  bond  strength  obtained  with  the  fiher"!  llghtll  loaded;  thus 
more  than  adequate.  fiberglass  strips  was  judged 

B*  Fuselage  Component  Repair 

^  *  Stringer  to  Skin  Rebondincr 

Scotch-Weld  2216/clearSadhesiveb0nGrout0  tbe  fuselage  skin  with 
rebonded  on  alternate  davs  mmi.  ,°ups  of  four  stringers  were 
On  each  repair  dfy  two  string  lng  OI\  Monday  of  each  week, 
and  after  lhe  aSi^  was  pe^lteTlo I  the 
remaining  two  of  the  group  were  repaired5  hreG  hours '  fche 

tioned  in  the  plaster  cradle  so  that  the’strifJIfl"8"*  was  posi~ 
were  at  the  lowest  point  of  the  fusel  If  stringers  being  rebonded 

procedure  which  prevented  ad^efivlSffadlUS  °f  CUrvature-  a 


Three  hundred  milliliters  of  adhesive  were  formulated  to 
reoair  each  stringer,  and  the  blended  adhesive  was  centrifuged  for 
eight  minutes  to  remove  entrapped  air.  The  adhesive  was  forced 
through  the  debonded  areas  from  a  perforated  polyethylene  tube 
inserted  into  the  stringer  cavity.  A  1/2  inch  O.D.  piece  of  plexi- 
glas  tubing,  six  inches  long,  was  attached  to  one  end  of  the  per¬ 
forated  tube  and  also  connected  to  the  adhesive  reservoir  with 
a  swaglock  fitting.  Attached  to  the  other  end  of  the  perforated 
tube  was  a  three-foot  length  of  tygon  tubing  (1/4  inch  O.D.), 
which  facilitated  inserting  and  positioning  the  perforated  tubing 
within  the  stringer  cavity.  Also,  when  adhesive  was  observed 
flowing  within  the  tyqon  tube,  that  tube  was  clamped  to  allow 
pressure  buildup  within  the  perforated  tube.  A  pressure  of  three 
psi  was  applied  to  the  adhesive  reservoir.  After  the  adhesive 
had  been  forced  into  the  debonded  areas ,  the  perforated  tube  was 
retracted,  leaving  very  little  adhesive  within  the  stringer  cavity i 

Bond  line  thickness  control  was  achieved  by  inserting 
short  sections  of.  three-mil  steel  wire  into  the  debonded  areas  be¬ 
tween  the  stringer  flanges  and  the  skin.  The  areas  into  which  a 
three-mil  shim  could  be  inserted  were  marked  on  masking  tape  cov¬ 
ering  the  stringer  caps.  Also  marked  on  the  stringer  caps  were 
those  areas  in  which  some  debonding  had  been  indicated  by  the 
helium  leak  tests.  During  rebonding,  adhesive  was  observed  to  flow 
from  ail  areas  into  which  a  3-mil  shim  could  be  inserted,  whereas 
adhesive  flow  was  not  generally  detected  in  areas  in  which  debonding 
was  indicated  only  by  helium  leak  tests. 

The  excess  adhesive  which  flowed  from  the  debonded  areas 
was  contained  within  a  dam  formed  by  the  ring  stiffeners  and  was 
spooned  from  the  dams  to  facilitate  the  clean  up  operation.  All 
interior  fuselage  surfaces  were  covered  with  masking  tape.  After 
the  excess  adhesive  was  removed,  a  silicone  rubber  pad  was  placed 
over  the  stringer  and  weighted  with  lead  weights  to  apply  two  psi 
contact  pressure  to  the  bond  line.  Repair  of  each  set  of  two 
stringers  was  easily  accomplished  within  the  1.5  hours  working  life 
of  the  adhesive.  The  lead  weights  v/ere  removed  after  the  adhesive 
was  permitted  to  cure  at  room  temperature  for  a  minimum  of  40  hours. 
The  repair  procedure  is  illustrated  in  Figure  48,  which  shows  the 
resin  reservoir  and  pressurization  system,  the  bladder  inserted 
into  a  stringer  cavity,  and  the  lead  weights  used  to  exert  the 
necessary  bond  line  pressure. 

The  rebonding  procedure  required  cut-outs  at  the  stringer 
ends  to  permit  insertion  of  the  perforated  tube  into  the  stringer 
cavity.  These  cut-outs  were  made  on  a  milling  machine  and,  at  the 
large  diameter  fuselage  end,  were  rectangular,  measuring  7/8  inch 
long  by  7/32  inch  wide,  with  the  ends  chamfered  45°.  At  the  small 
diameter  fuselage  end,  a  circular  hole  of  9/32  inch  diameter  was 
machined  at  the  stringer  ends  to  permit  the  tygon  tubing  to  extend 
outside  the  stringer  cavity. 
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Figure  48.  Equipment  for  Rebonding  for  Stringers  to  Skin. 

N-22198 


After  all  stringers  had  been  rebonded,  the  component  was 
heat -cured,  at  50°C  (122°F)  for  a  period  of  108  hours  to  accelerate 
the  final  curing  of  the  adhesive  system.  The  thermal  stresses  re¬ 
sulting  from  this  moderate  cure  temperature  were  considered  to  be 
small . 


The  effectiveness  of  the  repair  procedure  was  aetermined 
by  using  both  the  ultrasonic  technique  and  the  helium  leak  detector 
described  in  Section  VI  of  this  report.  The  ultrasonic  technique 
was  slightly  modified.  Instead  of  looking  for  a  shift  in  the 
observed  echo,  it  was  found  to  be  more  convenient  to  tune  the  ultra 
sonic  equipment  so  that  no  echo  at  all  was  observed  for  a  stringer 
in  the  bonded  condition.  Old  panels  with  debonded  stringers  and 
the  fuselaae  itself  prior  to  final  repair  were  checked  to  verify 
the  ability  of  this  method  to  detect  known  debonds.  .After  fuselage 
repair,  all  strincers  were  checked  over  their  entire  length  and 
found  to  be  bonded.  Similarly,  no  leaks  could  be  found  with  the 
helium  leak  detector  on  the  repaired  component. 
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2 .  Bonding  of  Ring  Stiffeners  to  Skin 

Visual  inspection  and  the  acoustic  impact  tests  had 
indicated  a  few  areas  in  which  the  ring  stiffeners  were  debonded 
from  the  skin,  as  discussed  in  Section  VI  of  this  report.  However, 
since  visual  inspection  is  not  fully  reliable  and  the  interpretation 
of  the  acoustic  impact  tests  required  some  judgment,  it  was  diffi¬ 
cult  to  decide  how  many,  sections  of  the  ring  stiffeners  should  be 
rebonded.  For  this  reason,  and  because  the  adopted  repair  proce¬ 
dure  was  fairly  straight  forward,  it  was  decided  (in  consultation 
with  Bell  Aerosystems)  to  rebond  all  four  ring  stiffeners  over 
their  entire  length.  This  task  was  accomplished  by  draping  fiber¬ 
glass  shear  clips  over  the  ring  stiffeners  in  the  areas  between 
the  stringers. 


,  The  shear  clips  consisted  of  4-inches  long  glass  cloth 

(Style  181)  strips  cut  on  a  45°  bias  and  impregnated  with  Scotch- 
Weld  2216/ gray  adhesive.  The  width  of  the  glass  cloth  strips  was 
designed  to  cover  the  entire  skin  area  between  stringers  and 
varied  for  each  ring  stiffener.  The  widths  used  for  the  smallest 
through  the  largest  diameter  ring  stiffeners  were  0.85  inch, 

0,95  inch,  0.105  inch,  and  0.115  inch,  respectively.  The  adhesive 
impregnated  shear  clip  was  draped  over  and  extended  for  3/4  inch 
on  both  sides  of  the  ring  stiffeners.  The  adhesive  w«s  cured 
for  at  least  18  hours  at  12-14  psi.  The  bonding  pressure  was 
obtained  by  placing  the  component  in  a  vac-bag. 


Uniformity  of  bonding  pressure  over,  the  shear  clip  sur- 
,_ace  was  assured  by  using  a  formed  silicone  rubber  pad.  This  pad 
fitted  tightly  over  the  adhesive  impregnated  glass  cloth  strip  and 
two  strips  of  porous  Teflon  coated  glass  cloth  which  absorbed  the 
excess  adhesive.  A  spring  steel  clip  was  placed  over  the  silicone 
rubber  pad  which  prevented  the  pad  from  spreading  when  pressure 
was  applied  by  the  vac-bag.  The  vac-bag  was  prevented  from  apply- 
lng  pressure  to  the  stringers  by  placing  a  conical  shaped  sheet 
metal  ring  between  the  ring  stiffeners.  Wooden  blocks  placed  be- 
tween  alternate  stringers  supported  the  shed  metal  ring.  Because 
of  the  limited  working  life  of  the  adhesive,  only  one  quadrant  of 

f nnr r lng  st?;ffeners  could  be  rebonded  in  a  single  operation;  thus, 
l  separate  operations  were  required  to  bond  all  shear  clips  to 
tne  ring  stiffeners.  F 


3.  Repair  of  Fuselage  Skin 

,  ,  .Tbe  °ri(?inal  visual  inspection  (Section  VI  of  this  report) 

^ht  fn=e?led  nine  Craze  cracks  in  the  outer  surface  of  the  skin  of 
the  fuselage  component.  In  the  intervening  period  during  which 

eP  ir  procedures  were  established  (from  January  to  June  1969) 
some  of  these  craze  cracks  had  grown  in  length/and  eight  additional 
crazings  had  developed,  indicating  residual  stresses  in  the  skin 
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Although  the  cracks  appeared  to  be  in  the  resin  only  (with  no  evi¬ 
dence  of  broken  fibers),  caution  dictated  that  the  cracks  be  re¬ 
paired  by  an  overlay  of  fiberglass  cloth.  Accordingly,  patches  of 
glass  cloth  (Style  181),  extending  approximately  one  inch  beyond 
the  visible  ends  of  the  cracks,  were  adhesively  bonded  to  the  skin 
with  Scotch-Weld  2216/gray  adhesive.  These  patches  were  bonded  at 
the  same  time  the  shear  clips  were  applied  to  the  ring  stiffeners 
an  pressure  cured  during  the  vacuum  bagging  operation.  Seventeen 
areas  of  the  fuselage  skin,  ranging  in  size  from  2x3  inches  to 
4x0  inches,  were  covered  with  fiberglass  in  this  manner. 

4 •  Nondestructive  Inspective 

.  0n  c°mPletion  of  the  repair  work,  the  component  was 

given  a  careful  visual  inspection  and  no  further  discrepancies 
were  observed.  In  addition,  each  and  every  stringer  was  checked 
over  its  entire  length  for  complete  rebonding  using  bo?h  Ultra¬ 
sonic  and  the  helium  leak  detector  methods;  both  tests  confirmed 
that  repair  was  successfully  accomplished.  After  delivery  of 

ultrasoni^lor^r  t0  BSl1'  another  visual  inspection  and 
ultrasonic  spot-checks  on  some  stringer  flanges  confirmed  tha*- 

the  component  was  ready  for  testing. 


5. 


Weight  Analysis  of  Repaired  Component 


.  4-  Jh%wei?ht  increase  resulting  from  the  various  items 
added  to  the  fuselage  are  as  follows: 

Component  weight  before  repair 

Weight  increase  from  rebonding 
stringers 

Weight  increase  from  skin  patches, 
shear,  and  metal  clips 

Total  weight  after  repair 

Total  weight  increase  due  to 
repair  procedure 


60 

.13 

lbs 

1 

.96 

lbs 

0, 

.68 

lbs 

62. 

,77 

lbs 

2. 

64 

lbs 
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SECTION  IX 


FUSELAGE  COMPONENT  TEST  PLAN 


This  report  section  presents  the  revised  shell  loads  based 
on  the  material  change  from  untreated  "Thornel"  40  to  treated 
"Thornel"  50  fiber,  the  instrumentation  plan  for  the  component, 
and  describes  fixturing  and  test  preparations. 

A.  Revised  Shell  Loads 

(R.A.  Elkin  and  D.P.  Hanley,  Bell  Aerosystems) 

As  given  in  the  Third  Annual  Report  (3).,  the  material  from 
which  the  fuselage  component  is  to  be  fabricated  has  been  changed 
from  untreated  "Thornel"  40  to  treated  "Thornel"  50.  This  change 
has  necessitated  a  modification  of  the  fuselage  component  test 
plan  loads  reported  in  Section  IX* L  of  Reference  3.  The  revised 
loading  plan  is  shown  in  Table  XXXVII. 

At  the  loads  shown  for  Response  Test  1 ,  the  maximum  bending 
and  shear  stresses  in  the  component  will  be  equal  to  1/2  the 
limit  stresses  for  bending  and  shear.  For  Test  2,  the  shear 
stress  will  equal  1/2  limit  shear.  At  the  loads  shown  for  Test 
3  the  shear  stress  will  equal  1/2  limit  shear  and  the  bending 
stress  will  be  10  times  the  shear  stress.  This  bending  stress 
is  ^  1/3  the  limit  bending  stress.  The  local  frame  loading  test. 
No.  4,  will  result  in  the  frame  bending  stress  equal  to  1/2 
limit;  the  80  lb  load  given  in  Table  XXXVII  for  this  condition 
is  labeled  'tentative'  since  this  was  the  load  previously  cal- 
culate<i  for  the  "Thornel"  40  component.  For  the  destruct  test. 
No.  5,' the  ultimate  stresses  in  bending  and  shear  should  occur 
almost  simultaneously. 

The  ultimate,  yield,  and  limit  loads  for  the  component  in 
tension,  compression,  shear,  and  bending  are  shown  in  Table 
XXXVIII.  These  values  are  based  upon  tests  of  treated  "Thornel" 
50  stiffened  panels.  Limit  loads  have  been  taken  as  the  lesser 
of  yield  or  2/3  ultimate. 

B .  Instrumentation  Plan 

(S.L.  Cross  and  K.H.  Sayers,  Bell  Aerosystems) 

The  instrumentation  plan  for  the  fuselage  component  has  been 
defined.  The  planned  mounting  locations  of  strain  gages  are 
given  in  Figure  49  (Bell  Drawing  No.  8506-150014).  A  total  of 
60  channels  will  be  required.  These  channels  will  be  fed  into 
the  Beckman  Data  Recording  System.  Dial  gages  will  also  be  em¬ 
ployed.  The  strain  gages  are  functionally  grouped  as  given  in 
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Load,  pounds 


Response  Tests 

f2 

f3 

f4 

1 .  Bending  +  Shear 

4560 

2080 

2.  Torsion 

— 

— 

710 

3 .  Bending  +  Torsion 

4.  Local  Frame 

Destruct  Test 

2250 

— 

470 

80  (tent,) 

5,  Bending  +  Shear 


6840 


13400 


TABLE  XXXVHI 

ULTIMATE,  YIELD,  AND  LIMFf  ALLOWABLES 
FOR  FUSELAGE  COMPONENT  (lb/in.) 


Tension 

Bending 

Compression 

Shear 

Ultimate 

2710  - — 

— ►  2710 

3070 

416 

Yield 

2710 

2250  — 

-  2260 

129 

Limit 

1810  — 

i 

— ►  1810 

2050 

139 
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1(sinqleeeifi°^eafD^^°‘"e^“"®m®”^  Types^EA-l 3 - i 8 7BB- ?l0 

were  selectednonthedbfsil3of5pa?t" 120  (fosettes>-  These  gages 

with  the  recording  system.  f  Pt  exPerience  and  compatibility 

C.  Fixturing  and  Test  Preparations 
(S.L.  Cross,  Bell  Aerosystems) 

mounting  th^fuselage^omponent^av^h16  hardware  required  for 

cylinders  have  been^eSted  To  satisfv^h1"1^^^-  Load 
destruct  tests.  tisfy  the  planned  response  and 

Safety^actorfi^excSss ‘of  Pneral  teSt  arrangement. 

support  structure  to  provide Maximum  used  ln . d?signing  the 

ware  deflection.  P  maximum  safety  and  minimum  hard- 

fusel^gf  ct^^nenttrhULt\rL^t^hLre°dgra™dPh1:"  ^ 

Management ^CS  M°nit~  “d  «*•  Assouan  Pr^f  With 

test  preparations  general^est^6^119  frnalized  and  includes  pre- 

instrumentation,  specific  test  9 

tions  concerning  handling,  photography  criHii^131  mstruc- 

fnd  premature  failure  repai?  procedures  The  Sr elttt  m°nitv*iT}3 
involve  end  rincr  drill  ina  v'euu*es;  -tne  pretest  preparations 

test  fixture!  The  general  “^r“mentatron,  and  assembly  in  the 

structural  support  hardware  and  treats  the  overall 

Specific  test  procedures  define  n  „  Tweight  counterbalance  system. 

response  tests  and  the  destruct  tes^lon^witrio?10*1"9  the 
data  recording  hold  times  Deliver!  2?  th  loadlng  rates  and 
to  Bell  is  scheduled  formid!?969?  ^  repaired  component 
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49.  ^ 
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,  The  final  design  of  the  representative  fuselage  component  was 
determined,  and  the  component  was  fabricated  with  treated  "Thornel"  50 
graphite- fiber,  ERL  2256  epoxy  matrix  comr,e°ites.  The  struccure  consists 
of  a  tapered  cylindrical  skin,  48  inches  long  with  end  diameters  of  24 
inches  and  20  inches;  the  fiber  lay-up  orientation  of  the  skin  is  (90°, 
±15  ,90°).  The  skin  is  stiffened  by  31  longitudinal  strangers  having 

fiber  orientation  and  by  three  segmented  ring 
stiffeners  consisting  of  a  balsa  wood  core  reinforced  with  panels  of 
.^45  )  orientation.  The  fuselage  component  structure  was  analyzed  by 
the  discrete  element  method;  stresses,  displacements,  and  margin  of 
safety  predictions  were  obtained  for  various  loading  conditions.  Prior 
t<?  component  fabrication,  several  treated  "Thornel"  50  panels  were  fab¬ 
ricated  and  tested  in  tension  and  compression;  failure  levels  were  well 
above  design  requirements.  The  90°  layers  of  the  skin  were  constructed 
by  wet-winding  and  the  inner  15°  layers  by  hand  lay-up  of  pre-pregged 
sheet.  The  stringers  and  the  ring  stiffener  panels  were  molded  from 
pre-pregged  sheet.  Stringers  and  the  ring  stiffener  panels  were  adhe 
sively  bonded  to  the  component  skin.  Both  ends  of  the  component  were 
reinforced  with  a  lay-up  of  fiberglass  tape  and  bonded  to  segmented 
aluminum  rings  for  attachment  of  the  component  to  the  test  stand.  The 
NDT  inspection  of  the  component  revealed  defects  consisting  primarily 
of  partial  debondinq  of  the  stringers  and  ring-stiffeners  from  the  skin. 
Extensive  analysis  indicated  that  the  debonding  very  likely  resulted 
from  thermal  degradation  of  the  adhesive  and  from  thermal  stresses  in¬ 
curred  during  the  final  cure  of  the  end  attachments  Novel  repair  tech¬ 
niques  for  composite  structures  were  established,  and  the  component  was 
successfully  repaired.  Detailed  plans  for  the  various  response  tests 
an^^he^fina^^destruc^ tes_t_of  the  component  are  also  presented . 
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